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SHOCK TUNNEL STUDIES OF SCRAMJET PHENOMENA 1993
NASA GRANT NAGW-674 - SUPPLEMENT (0

In accord with the format of previous reports, this consists of a series of reports on
specific projects. There is a brief introduction commenting on each report, and the project
reports follow in the order of the headings in the introduction.

"Program A" corresponds to work funded jointly by NAGW-674 and Australian sources,
and "Program B" to that funded by Australian sources alone.

PROGRAM A

(i) COMPARATIVE STUDIES OF T4 AND HYPULSE

Chemical Recombination in an Expansion Tube ( R. Bakos and R.G. Morgan)

An analytical and numerical study has been carried out to determine the probable "frozen™
composition of air test gas in an expansion tube. A model for diaphragm rupture was
assumed and, using this model, it was found that the test gas composition could be
obtained from an entropy correlation, similar to that employed by Harris for steady nozzle

flows.

(i)  DIRECT MEASUREMENT OF THRUST/DRAG

(a) Drag Measurements on Blunted Cones and a Scramjet Vchicle in Hypervelocity
Flow (L. Porter, D. Mee and A. Paull)

This records our first measurement of drag on a scramjet model (as well as drag
measurements on blunt cones). Drag coefficients of the model were found to be quite
high, and were subscquently reduced by reducing the afterbody cone angle, and the angle
of the afterbody of the splitters between the combustion chambers.

(b)  Thrust Mcasurements of a Complete_Axisymmetric Scramjet in an Impulse Facility
(A. Paull, R.J. Stalker and D.J. Mce)

This records the early mcasurements of thrust when fuel was injected on the scramjet
model above. The model was modified by reducing the thrust surface angles as noted.



() ~Scramjet Thrust Measurement in a Shock Tunnel (A. Paull, R.J. Stalker and D.J.
Mce)

The cffect of stagnation enthalpy on scramjet thrust is measured in this paper. It is found
that the positive thrust measured at 3.0 Ml/kg falls rapidly as stagnation enthalpy is
increased, and above 3.5 MJ/kg, a negative thrust is recorded. Subsequent investigation
showed that this was primarily due to the increase in precombustion temperature.

(d)  Thrust Measurement _in_a 2.D Scramjet Nozzle (S. Tuttle, D.J. Mece and JM.
Siminons)

Considerable  difficulty has been experienced in measuring thrust with this non-
axisymmetric configuration, but the present measurements show evidence of a well
deserved success. They show that skin friction losses do not make a large difference 1o

the thrust of the nozzle.

(iii) COMBUSTION SCALING

Scaling in a Scramjet Combustor (M.V. Pulsonetti and R.J. Stalker)

This is a brief note indicating that scaling in scramjet combustors may follow that of
ramjet combustors, with a scaling parameter that depends on the product (pressure X a
characteristic dimension).

PROGRAM B

()  MIXING AND COMBUSTION

(a) Hypersonic Ignition and Thrust Production in a Scramjet (A. Paull)

Measurements on a long combustion duct with a nozzle attached have been made.
Specific impulse values in excess of 1500 sec werc obtained with hydrogen fuel, but this
decayed rapidly as stagnation enthalpy was increased. :

(b) Supersonic _Combustion in a Constant Area Duct (M. Wendt)

This began as a PhD study of the effect of temperature of H, fuel when injected into a
supersonic duct. However, in understanding the results of experiments, a substantial
amount of work on other effects was done. The work has been presented as a thesis, and

the conclusions only are reported here.



(©) Scramjet Combustion Surveys (K. Skinner)

A PhD thesis on the mass speclrometer is currently being examined, and a chapter from
that thesis relating to mass spectromelric measurements of species concentrations in a
mixing and combustion wake is presented. The mass spectrometer results indicate that the
width of the species concentration profiles is approximatcly the same as the pitot pressure
profiles, indicating that species and momentum diffusion are similar.

(i)  SKIN FRICTION AND HEAT TRANSFER MEASUREMENTS

(a) Transition of Compressible High Enthalpy Boundary Layer Flow over a Flat Plate
(Y. He and R.G. Morgan)

Measurements of the heat transfer to a flat plate in T4 showed transition taking place at
Reynolds’ number between 2.8 x 10% and 0.6 x 10° for stagnation enthalpies arranging

from 3 to 7 Ml/ke.

Skin friction measurements in a turbulent boundary layer are being altempted.

(i) EXPANSION TUBES

The Superorbital Expansion Tube Concept, Experiment and Analysis (A. Neely and R.G.
Morgan)

This paper reports experiments with a small expansion tube in which a usable test flow
was produced at a test section velocity of 13 km/sec.

(iv) FORCE BALANCE

Balances for the Measurement of Multiple Components of Force in Flows of a Millisecond
Duration (D.J. Mee, W.J.T. Daniel, S.L. Tuttle and J.M. Simmons)

The principle of the force balance, which has been used to measure thrust and drag in
shock tunnels, is extended to measure lift and pitching moment as well.
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Chemical Recombination in an
Expansion Tube

Robert J. Bakos® and Richard G. Morgant
University of Queensland,
Brisbane, Queensland 4072, Ausiralia

Introduction

YPERSONIC propulsion and acrothermal testing re-
quirements continue to drive the development of ground
facilities capable of duplicating energy, Reynolds number, and
stream chemistry at near-orbital velocities. Expansion tube
pulse facilities offer this capability if the theoretical operating
cycle proposed by Trimpi' is accepted as representing the
actual flow history. As shown in the distance-lime (x-1) dia-
gram (Fig. 1a), this requires that the secondary diaphragm
rupture instantaneously on impact by the primary shock, and
that its mass contributes n0 inertia to the lest gas for subse-
quent acceleration. However, experiments by Shinn and
Miller? with helium test gas have shown that for even the
thinnest practical diaphragm (3.18 um polyester film in 2
152-mm-diam tube) the primary shock reflection off the di-
aphragm maintains sufficient strength 1o travel more than 110
mm upsiream into the oncoming test gas. Because the test gas
in an expansion tube originates from the vicinity of the di-
aphragm, it is processed by the reflected shock. For air test
gas, the entropy generated may be sufficient to cause signifi-
cant oxygen dissociation that can only be climinated by recom-
bination in the subsequent unsteady expansion. In this sense,
the problem is similar to the nozzle freezing problem occurring
in high-enthalpy reflected shock tunnels.
The details of the secondary diaphragm rupture will affect

both the strength of the reflected shock generated and the rate -

of expansion experienced by the test gas as it accelerates under
the influence of the unsteady expansion. This Note adopts a
diaphragm inertia rupture model’ assuming that the di-
aphragm shears cleanly around its periphery, remains intact
and nearly planer, and provides no resistance other than its
inertia to acceleration by the pressure field. The diaphragm
acceleration relieves the pressure behind the reflected shock so
that it weakens with time (Fig. 1b), lowering the test gas
entropy and initial dissociation levels. Also, and perhaps more
importantly, the diaphragm inertia limits the initial expansion
rate, allowing effective recombination to be achieved.

For this situation an approximate analytical solution for the
Lagrangian pressure-time history is presented for an idcal gas.
A one-dimensional numerical solution with equilibrium chem-
istry for the diaphragm-inertia model was also done and shows
good agreement with both the approximate analytical solution
and a pressure measurement for air test gas from the NASA
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Langley HYPULSE expansion tube. The extent of recombi-
nation is then calculated using a finite rate chemistry package
for the analytically or numerically determined pressure-time
history.

Calculations including the diaphragm inertia show signifi-
cantly lower dissociation levels than those reported recenily by
Wilson? where the diaphragm was taken to hold fast for a
specified holding time and then allowed to open instanta-
neously without contributing incrtia to the subsequent acceler-
ation (Fig. 1c). In Ref. 3, this model was used in a full
one-dimensional, unsteady-flow calculation with finite rate
chemistry. An approximate calculation of recombination for
this rupture model is included here for comparison with the
inertia model.

Finally, a two-parameler correlation summarizes the results
of the nonequilibrium calculations for air in terms of the

,c)

Fig. 1 x4 dlagrams for secondary dinphrage rupiure models: o) ieal

-~ disphragm, b) Inertial diaphrugm asd ) bolding time diaphragm.
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»ostreflected shock thermodynamic properties and an inertial
ime scale for the diaphragm. This allows rapid estimation of
ronequilibrium aif compositions for any choice of diaphragm
and suborbital test conditions in an expansion tube.

Analysis

Under the assumption of a peripheral diaphragm rupture,
the diaphragm motion will proceed subject 10 its inertia and
the pressure applied to cither side. Therefore, the diaphragm
acts as a very light piston scparating the test and acceleration
gases. Because typical prerun diaphragm pressure ratios are of
the order 100-1000:1, pressure in the compressing acceleration
gas is negligible (for the initial portion of the diaphragm
motion) relative 1o the test gas pressure ps, behind the re-
flected shock. The equation of motion for the diaphragm is

du  Ps
prandR L 1
& paWi o

where pg is the diaphragm density and wy the thickness.

Following Meyer,® the gas between the diaphragm and the
reflected shock is assumed 1o have 2 uniform value of the
Ricmann invasiant Jo=0/(y~— 1) + u, where @ is the sound
speed and & the gas motion velocity, such that the J. charac-
teristics will be straight lines emanating from the diaphragm
surface. That is, the expansion occuts through 2 simple wave.
Uniformity of J. requires that cither the reflected shock be
weak such that entropy changes across it can be jgnored, or
that it does not decay 50 that again a uniform entropy Tegion
exists behind it. For conditions of interest the initial reflected
shock Mach number relative 10 the test gas is within the range
M, =2-3, which, although not weak, does not significantly
alter the value of J.. 1.8 evaluated behind the fully reflected
shock and assumed not 10 vary; thus the diaphragm motion is
equivalent t0 that caused by an infinite-length reservoir at the
poslreﬂcctcd shock pressure and sound speed. This leads to
the following relation for the pressure on the upstream face of

the diaphragm,
7, —u P!
2. (25)

where subscript 0 refers to conditions behind the fully re-
flected shock. Introducing ¥ velocity scale ux = 2a/(y - 1)
and an inertial time scale 1 = pavad/(y + 1)po for the di-
aphragm motion, integration of Eq. (1) with Eq. (2) gives for
the diaphragm velocity

-fy- 1]
Yo - (1 + -'—) Q)
Up In

and for the pressure history of a particle adjacent 1o the

diaphragm face,
t Wty V)
‘l"i = (l + '—.) )

The initial expansion rate at 1 =0is dpg/dt = ~ yp3/paT Ao:
which is seen to be Jimited by the diaphragm mass.

For subsequent particles, their location and pressure-time
history is evaluated analytically using the now known di-
aphragm trajectory (3) and the straight J_ characteristics.”
The seflected shock trajectory is computed similarly by evalu-
ating J- at the diaphragm and. communicating it back along
the straight characteristics 10 specify the downsiream velocity
boundary condition for the shock,

For the holding time model just described, the holding time
creates a fully stagnant region. The instantancous diaphragm
rupture that follows forms & centered unsteady expansion
anchored to the diaphragm station (Fig. 1c). Shock decay only
begins when the head of the expansion intersects the reflected
shock. Taking the holding time sufficiently large 30 that no

decay occurs for test gas particles that will comprise the useful
test gas, the pressure history for a particle which enters the
centered expansion at time fo after shock refection s,

P t ~hyy e M
2=’

where py is the pressure behind the reflected shock and ¢ 2 lo-
Different particle histories correspond to different values of /o
The initial expansion rate att=tpisdp/dl = — 2ypy/ (¥ + o
so that the particle initially adjacent o the diaphragm at
rupture, corresponding to 60, experiences an infinite expan-
sion rate.

Inertial Diaphragm Model Resulls

The nominal Mach 17 operating condition® of the HY-
PULSE expansion tube is used for a lest case. For this condi-
tion the shock tube is filled with air to 3.45 kPa, and the
primary shock speed is 2670 m/s approaching the diaphragm.
The acceleration tube is filled 10 7.2 Pa, also with air, and the
diaphragm is 12.7-pm polyester film. Equilibrium conditions
behind the reflected shock at the diaphragm arc po = 2.19
MPa, ap= 1380 m/s, and y=1.30. The one-dimensional
finite volume code of Jacobs® was run for this test case using
approximate equilibrium chemistry. The solution was started
at the time the primary shock reaches the diaphragm and
continued for 0.5 ms. The diaphragm was assumedtoactasa
piston of fixed mass. Grid CORvergence was confirmed by
doubling the resolution and noting no significant changeinthe
solution. ,

Figure 2a shows 2 measured tube wall pressure trace® at &
Iocation 76 mm downstream of the secondary diaphragm with
analytical and numerical simulations. The numerical solution
accurately predicts the diaphragm location, as well as the
initial pressure field. The reflected shock appears (o be
smeared in the experimental trace, possibly as 3 result of
nonplaner diaphragm rupture. The analytical solution cap-
tures the general features of the flowficld, in particular the
location and pressure On the diaphragm. In addition, Fig. 2b

500___,__.‘,_———‘——'—1”"—"—__—1
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Fig. 1s Pressure history at 76 mm downstream of secondary di-
aphrsgm.
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time. usec (from shock reflection)

Fig. 2® Csliculsted pressure 0a disphragm upstream surface.
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shows that there is good agreement between the numerical and
analytical estimates of pressurc decay for the particle adjacent
to the diaphragm. This also indicates that the cffects of chem-
istry on the pressure distribution are small for the conditions
considered and that the ideal gas approximation is adequate
for this study.

Recombination Chemislry

Recombination in the expansion is calculated using a gen-
eral chemical kinetics computer program'® for a specified par-
ticle pressure-time history, with the gas immediately behind
the reflected shock assumed to be in chemical equilibrium.
There exist several choices for the chemical kinetic rate mech-
anisms for high-temperature air'! that give variations of ap-
proximately 2 20% in the computed atomic oxygen mass frac-
tion. The mechanism in Ref. 12 has been widely used for
computing shock tunne! nozzle flows and is adopted here.

Figure 3 shows computed atomic oxygen and nitric oxide
mass fractions (the only significant air contaminants at these
conditions) as a function of time after flow arrival in the test
section located 14 m from the diaphragm at the exit of the
acceleration tube. The time ordinate in all cases results from

0.18 -
) N0
a a | Pre-expansion
—o— | --0-| Hetding time modet
—a— | -0-] 1-D Numericet (inerllol dlophragm)
v v | Anelyticot (inerfial diaphrogm)
0.10 |-
<
K
k3
2
-
-
»
°
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0.00 1 1 I | . 1 - I

0 100 200 300 400

fime, usec (from slort of test fow)

Fig.3 Atomk oxygea (D) and aitri oxide (NO) mass fractlons in the
test Mow at Mach 17 HYPULSE coaditlos.
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Fig. 4 Entropy-inertia correlation for predicting aonequilibrium alr
compositions In an expansion tube, 1a = fgpely * Wh,

conserving mass between & given particle and the diaphragm
when going from the postincident shock state, 2, through
the reflected shock and expansion, to the facility exit, state §
(Fig. 1).

Considering the holding time model results, the first parti-
cles to exit the facility (those initially adjacent to the di-
aphragm) experience rapid expansion rates and frecze at a
composition near the pre-expansion value. Subsequent parti-
cles see lesser expansion rates and recombine further, in agtee-
ment with the results of Ref. S. For the numerical solution of
the inertia mode}, five particle trajectories were analyzed. The
presence of the diaphragm mass reduces the expansion rate for
the first particles yielding greater recombination than the
holding time model. Subsequent particles are processed by a
weaker reflected shock altering the composition as shown.
Using the pressure history from the analytical solution for the
particle adjacent to the diaphragm, good agreement is found
with the numerical solution there. Accuracy of the analytical
solution diminishes for subsequent particles and they are not
analyzed for recombination.

Entropy Correlation

- For steady expansion nozzles the frozen enthalpy and com-
position of nonequilibrium air at the nozzle exit correlate well
with the nozzle reservoir entropy.''* Nonequilibrium compo-
sitions resulting from unsteady expansion can be similarly
correlated using the postreflected shock entropy, provided
that the initial portion of the expansion occurs in equilibrium
and at constant entropy. For this situation the expansion will
pass through the lower pressure starting conditions of other
expansions having the same entropy. If these expansions sub-
sequently have coincident pressure-time histories, they will
yield the same final composition. From Eq. (4) it can be seen
that coincident expansions have equal values of the modified
time scale

Tr = lapd * VY )

All expansions with the same 7 and initial entropy will yicld
the same chemical composition.

Figure 4 illustrates this correlation for atomic oxygen and
nitric oxide mass fractions. Jt was constructed for a range of
initial pressures of 1.5, 15.0, and 150 MPa and temperatures
from 3500 to 6000 K. These ranges should span the majority
of expansion tube operating conditions for simulating subor-
bital velocities. The correlation is accurate to within the uncer-
tainty due to the high-temperature air kinetics already noted.
It applies to the particle initially adjacent to the diaphragm,
and thus from Fig. 3, represents an upper bound on atomic
oxygen and a reasonable estimate of nitric oxide content.
Departure from the correlation occurs below 3500 K where the
equilibrium starting conditions fall below the freezing condi-
tion of expansions (rom higher pressure and the same entropy.
The thermodynamic data available in the kinetics code’® set
the 6000 K maximum temperature limit.
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DRAG MEASUREMENTS O

SCRAMJET VEHICLE IN
L. M. Porter® ,D.J

The University of Queensland, St.

Abstract

This paper reporis some applications of the

deconvolution force balance (Sanderson and
Simmons, 1991) for measuring drag in hypervelocity
impulse facilities where test times are of the order of

1 ms. Two basic model geometries are considered.
The first is a 5° scmi-veriex angle conc with varying
degrees of nose bluntness. The influence of bluntness
on drag on this slender conical body in a Mach 5.2
air stream at a stagnation enthalpy of 14 Mlkg is
presented. The sccond application is to the drag
measurement on the more complex geometry of a
scramjet powered vehicle. The drag on the vehicle
bas beén measured at slagnation enthalpies in the
range of 3 - 14 Mlkg.

1 Introduction

A scramjet operating at Mach numbers above 4 is
being proposcd as the propulsion system for a
disposable vehicle to launch small payloads into low
carth orbit (Stalker, 1992). The forcbody of the
scramjet will be conical in geometry. Ideally, a
sharp nose would reduce the acrodynamic drag on
the vehicle. However, 2 pointed slender nose is
difficult to cool and may restrict the payload
capacity. These practical limitations have motivated
research into the aerodynamic characteristics of a
blunted cone in hypersonic (Mach number greater
than S) and hypervelocity (flight speed greater than 3
kms-1) flow.

ons experiments
driver shock
The test

To simulate these flight conditi
were performed in the T4 free piston
tunnel facility (Stalker and Morgan, 1988).
times experienced
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in the T4 facility arc of the order *

N BLUNTED CONES AND A
HYPERVELOCITY FLOW
Meet and A. Paull¥

Lucia, Queensland 4072, Australia

of 1 ms. While the drag force is & fundamental
parameter in the design of any flight vehicle, its
measurement in hypersonic impulse facilities is
inhibited by the short test time. Conventional force
balance or accelerometer balance techniques would
restrict the maximum model size to SO mmina
of 1 ms (Sanderson and

facility having a test time
a technique for drag

Simmons, 1991). However,
measurement in hypersonic impulse facilities, the
deconvolution force balance, has been developed by
Sanderson and Simmons (1991). This technique
takes into account the distributed mass effects and
depends on the interpretation of the transient stress
waves propagating within the model and its
supporting structure.

The present experimental programme is the first in
which the technique has been used to obtain data on
the drag of aerodynamic bodies of current interest.
One primary aim was to obtain a preliminary
measurement of the influence of nose bluntness on
drag on a slender cone in hypervelocity flow.
Another was to extend the technique to measuring
drag on the more complex geometry of a scramjet
vehicle. Having achieved these objectives it is
envisaged that a more comprehensive investigation
into nose bluntness effects can be conducted. The
result of applying this knowledge to the optimal
design of a scramjet vehicle can then be measured
directly using the deconvolution force balance 10
measure the drag in hypersonic and hypervelocity
test flows.

2_Expeciments
2.1 Facili

The experiments were performed in the T4 free

iston driver shock tunnel facility (Stalkes and

organ, 1988). A contoured axisymmetric Mach S
nozzle was used to expand the gas from the
stagnation region to the appropriate test conditions.
The nozzle exit plane was 265 mm in diameter and
the nozzle throat diameter was 25 mm. The tunnel
was operated in a tailored mode so that the static
pressure and enthalpy would be constant throughout
the flow lest time.

The model is attached to a “sting” in the form of a
slender elastic bar (Figure 1). The sting is suspended

A3A4%(172
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Figure 1. Drag balance configuration.

by vertical threads to allow free movement in the
axial dircction. Strain gauges located on the sting
record the passage of stress waves resulting from the
impulsively applied drag force as they are
transmitted from the model into the sting.

Following Sanderson and Simmons (1991) the
dynamic behaviour of the model/sting combination is
modelled as a time-invariant, causal, linear system
described by the convolution integral,

t
y@) = fg(t- ) u(x)de (N
0

where u(t) is the single input to the system, y(t) is the
resulting output and g(1) is the unit impulse response
function. Knowing the response of the system t0 2
unit impulsive force it is possible to determine the
response of the system to excitation by any arbitrary
force via Equation 1. Altematively, and what is
done here, y(1) is obtained from the strain gauge
output and a numerical deconvolution process is
performed to obtain u(t), the time-history of drag
applied to the model (Sanderson and Simmons,
1991)..

It has been demonstrated that the technique is
{nsensitive to small changes in the impulse response
function (Simmons et al (1992)). Thus the unit
impulse response function may be approximated
numerically using dynamic finite element modelling.

Experiments were performed on a 5° semi-vertex
angle aluminium cone of 100 mm base diameter. A
total of 11 variable nose tips was used ranging in
nose radius from 0.2 mm lo 18.0 mm in steps of 1.8

mm. These correspond to bluntness ratios of 0.004
to 0.36 where the bluntness ratio is the ratio of the
nose radius to the cone base radius. The cone is
571.5 mm long with the sharpest tip attached. The
base of the cone was made hollow in order to reduce
the mechanical time constant of the system (Ponter et
al, 1992). This reduced the mass of the model by
almost 50 %. '

The 2.5 m long sting was constructed from brass
tubing of 34.9 mm outside diameter and 1.6 mm wall
thickness, giving a high bending stiffness. The sting
length was chosen to delay the interference of the
stress wave reflected from the free end of the sting

~ with the flow test time. As the speed of propagation

of stress waves in brass is 3.6 kms-1, a sting length
of 2.5 m allowed 1.3 ms before the reflected waves
arrived at the strain gauges. (This estimate of test
time takes into account the positioning of the strain
gauges 300 mm from the model/sting interface

(Figure 1))

Figure 2 shows a diagram of the model/sting
arrangement with the finite element mesh used to
calculate the unit impulse response function
superimposed. As the drag measurement technique
used here is insensitive to small changes in the
impulse response (Simmons et al, 1992) and as the
unit impulse response function is in fum relatively
insensitive to the loading distribution on the model,
the impulse response determined for a distributed
load on the sharp cone model has been used in the
numerical deconvolution to obtain the drag for all
the blunted cone models tested.

2.4 Scramjet Vehicle Model

The model of the scramjet vehicle was made of
aluminium and consisted of a centrebody surrounded
by 6 evenly distributed combustion chambers (Figure
3). The centrebody was composed of a 9° semi-
vertex angle sharp conical forebody of length 99
mm; a 9" intake surface extending for a further 60
mm; & combustion duct length of 60 mm; and a 15°
thrust surface of length S5 mm. The scramjet
centrebody thus had a total length of 274 mm. The
combustion duct was also made of aluminium and
had a total length of 145 mm. The stainless steel
cowl surface angle at the thrust nozzle exit was 7.

Figure 2. Finite clement model of sharp cone model and sting.
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Figure 3. Scramjet powered vehicle.

The scramjet model had 6 combustion ducts evenly
distributed about the centrebody. The diameter of
the centrebody for the length of the combustion
chambers was S1 mm. The internal diameter of the
combustion duct cowl was 69 mm and the external
diameter was 71 mm. Each of the combustion
chambers was approximately 12 mm in radial width.
No provision was made for injecting fuel into the
scramjet ducts on this model

For these tests the scramjet model was attached to
the nose of the cone in place of one of the blunt tips.
The cone was then shiclded from the flow to prevent
it from experiencing any acrodynamic foroes.

The unit impulse response function was determined
numerically using a dynamic finite element program
for the case of a point load applied axially at the tip
of the model. The finite clement mesh for the
scramjet model is shown in Figure 4. The supports
attaching the centrebody to the cow! were designed to
approximate the mass of the walls of the 6
combustion chambers. This was done o that the
scramjet could be modelled with an axisymmetric
finite clement mesh to simplify the numerical
analysis.

2.5 Instumentation
Kulite UHP-5000-060 semi-conductor strain

gauges were used to measure the system output y(t).
These gauges have a gauge factor of 155 but they are

highly temperature sensitive. This made it necessary
to use & modified Wheatstone bridge circuit to
compensate the gauge outpul signals against
undesirable temperature effects. Four strain gauges
were used. Two gauges were attached to a scpanite
picce of the sting material and placed near the sting
so that they saw the same thermal environment but
no mechanical strain. The two strain measuring
gauges were amranged so that the circuit was sensitive
only to axial loads.

Measurements of the pressure in the base arca of
the cone were obtained. Additional instrumentation
consisted of measurement of the shock speeds in the
shock tube and stagnation pressures. These are used
to determine the conditions of the test gas.

3 Results and Discussion
3.1 Test Flow Condit

The conditions in the test section were numerically
determined using ESTC (McIntosh, 1968) and
NENZF (Lordi et al, 1966). The shock speed in the
shock tube and the stagnation pressure were
measured and used as inputs to ESTC to determine
the temperature of the test gas in the stagnation
region after shock reflection. The test gas undergoes
a steady expansion from the stagnation region to the
test flow propertics at the exit plane of the nozzle.
NENZEF is a onc-dimensional non-equilibrium code
which is then used to predict the properties of the test
gas at the nozzle exit plane given the stagnation
pressure and temperature.

Measurements made of the test section Pitot -
pressure and static pressure were found to agree well
with those predicted by NENZF. The test flow
properties were found to be repeatable to within
10%. The four conditions at which tests have been
performed are listed in Table 1. All experiments
were conducted in a test gas of air.

3.2 Blunied Cone Drag Measurements

- Experiments on the variable nose bluntness slender
cone model were performed at the 14.4 MJ/kg test
condition (Table 1). The signal output from the
strain gauge bridge was deconvoluted numerically as
described in Section 2.2 to obtain the time history of

Figure 4. Finite element model of scramjet vehicle and sting.
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Condilion] Stagnation Enthalpy| Mech No. | Statle Pressure] Pitet Pressure|Statie Tempersture] Flow Velocity] Density
Wing kPs L) & kmis kg/m$
A 144 $.2 16 539 1880 48 0.02%
0 10.8 54 18 _ 880 1500 4,1 0.03%
c 3.3 8.4 10 670 FYT] 25 0.08¢
29 (X ] 38 200 _31¢ 23 0.038
Table 1. Flow conditions in a test gas of air.
the drag on the model. This drag measurcment
technique is inherently noisy as the deconvolution
Orog Ferce

process tends to amplify any noise present in the
original output signal, y(t). It was thus necessary to
pass all the drag measurements resulting from the
numerical deconvolution process through a 2kHz, 6
pole Butterworth low-pass digital filter.

Figure 5 shows the measured drag in its filtered
form for a nose radius of 10.8 mm in comparison
with its comresponding strain gauge output signal
before deconvolution. The steady flow test time may
be identificd by the regions of steady drag, occuring
around 4.8 ms in Figure S.

The results from this preliminary study into the
effects nose¢ blunmess has on cons drag are
summarised in Figure 6. At the smaller nose
bluntnesses the effect on the total drag is relatively
minor. The drag shows an increase from the sharp
nose value of about 20 % at a nose radius of 7.2 mm
(bluntness ratio of 0.144). However, beyond this
radius the drag increases more rapidly so that at a
nose radius of 18.0 mm (bluntness ratio of 0.36) the
value of drag is about 145% greater than the drag on
the sharp cone.

A theoretical prediction of the total drag on 8
sharp cone has been made and is also shown in
Figure 6. The pressure drag was predicted using
Taylor-Maccoll theory (Taylor and Maccoll, 1932)
and found to be 159 N for the case being studied
here. An estimate for the skin friction drag on the
cone was made based on laminar boundary layer
theory (White, 1974) and found to be 36 N. 1¥ds
gives a total drag of 195 N for a sharp, §° semi-
vertex angle and 571.S mm long cone travelling in
air at the 14 MJ/g condition (Table 1). The value of
drag measured for the sharp cone was 200 N, thus
reinforcing the accuracy of the drag measurement
technique used.

This model provides a good test of the utility of the
deconvolution force balance given the complexity
and size of the model. All previous studies using the
deconvolution balance have been on simpler conical
geometries (Sanderson and Simmons, 1991; Porter et
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Figure S, Comparison between signal from strain
gauge bridge before (raw signal) and after (drag
force) deconvolution for a nose radius of 10.8 mm.

500 e
L ]
’i 400
R .
g ]
300 *
-
L ]
g . ['] L4
o 200
Prascuon o Srerp Cors
100 —
[ ] 1] 20

Nose Rodlus (mm)

Figure 6. Drag force versus nose radius.

al, 1992). The present model deviates from
axisymmelry in the arrangement of the scramjet
engine modules around the central body of the
vehicle. All net acrodynamic forces should be axial
for these zero incidence tests. These tests were
performed to measure the acrodynamic drag
associated with the scramjet vehicle design, thus there
was no injection of fuel into the scramjet ducts.

The first step in testing the applicability of the
deconvolution force balance to drag measurement on
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Figure 7. Comparison between (a) numerically
predicted and (b) experimentally measured step
response for a point load applied to the tip of the
scramjet vehicle.

the complicated scramjet model involved comparison
of a finite element computation of the siep response
of the model with an experimental result. The finite
clement computation was performed for an
impulsively applied point load at the tip of the model.
The experimental step response was obtained by
cutting a wire attaching a mass 10 the tip of the model
as in Sanderson and Simmons (1991). This simulates
a point load applicd impulsively to the tip of the
model. Six experimental resulls were averaged in
order to reduce the level of random noise on the
signals. The results for the computation and
experiment are shown in Figure 7. In these plots the
stresses are normalized with the siress that is
obtained for a stalic application of the load to the tip.

Figure 8. Comparison between the drag time
histories on the scramjet model in a flow of
nominally 3 MJ/kg and two static pressures. The
solid line represents the drag at a static pressure of
10 kPa and the dashed line represents the drag at a
static pressure of 3.5 kPa.

The results show that the finite clement
computation predicts the experiments quite well.
The overall rise in the level of stress in the sting is
well captured although there are some differences in
the finer detail. Based on this result the computed
step response has been used to determine the impulse
resp;)nse for use in deconvolution of the measured
results.

Figure 8 shows time-histories of the deconvoluted
drag on the scramjet vehicle at the low enthalpy
conditions of nominally 3 MJ/kg of Table 1. Results
are shown for the two different pressure levels at this
enthalpy. The results show the characteristic peak in
drag at the stast of the test flow which is attributed to
the starting up process of the nozzle, followed by &
period of relatively steady overall force. This is also
evident in the cone drag data. The period of steady
drag force corresponds to the steady flow test time.
“Thus, it would appear that the deconvolution balance
is suitable for testing complex models such as the
present scramjet vehicle.

Condltion Drag (N) Orag Coetliclent
A 370 0.33
B 360 0.31
C 250 0.2
)] 80 0.20

Table 2. Drag coefficients of scramjet vehicle at

the 4 conditions of Table 1.
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The drag coefficients (based on the extemnal cowl
radius) corresponding to the four test conditions of
Table 1 ranged from 0.20 to 0.33 (T. able 2). These
relatively high values sre attributed to a lack of
pressure recovery downstream of the combustion
ducts.

4_Conclusion

The drag measurements made on the §° semi-
vertex angle, variable nose bluntness cone model
reveal a steadily increasing effect of nose bluntness
on drag on the cone. The effect at the smaller nose
bluntnesses is relatively small, with a 20% increase in
drag at a fose radius of 7.2 mm. This is encouraging
for the design of a hypersonic space plane or a
centrebody for an axisymmetric scramjet where a
slightly blunted nose is required to reduce stagnation
point heating. Beyond this nose radius the drag
increases more rapidly with nose bluntness.

The results for the scramjet powered vehicle
indicate that the deconvolution force balance can be
applicd successfully to measure the drag on models
of quite complex geometry. Rt is envisaged that &
more comprehensive investigation into possible real

effects on the nose bluntness effects on cone drag
will then be applied to the optimal design of the
forcbody of a scramjet vehicle. The testing of
various designs can then be carried out using the
deconvolution force balance.
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approximately 1 =s. However, this is insufficlent
G_B_SIBA—Q . ) for testing scramjets. An Increase in deconvolutlon
- time Is required because valves are opened and fuel
ibes tests which vhere conducted 1n _ is lnjected prior to the start of the test filow. To
the hypersonic impulse factlity T4 on & fully = obtain an accurate time history of the force on the
integrated axisymmetric scramjet configuration. In scramjet these events must also be deconvolved. The
these tests the net force on the scramjet vehicle development of this balance and technique to the
was wmeasured using 2 deconvolution force balance. _polnt where time-history measuresents can be made
This acasurenent technique and its application to a over 2 period in excess of 10 as on a cosplicated
complex model such as the scranjet are discussed. model has been cruclal to the measuresent of the net
Results are presented for the scramjet’s aerodynamic thrust produced by 2 scraajet.
drag and the net force on the scramjet when fuel 1s _ The abllity to measure the overall performance of a
tnjected Into the combustion chambers. It is shown _ fully Integrated scramjet is one vhich should
that a scramjet using 2 hydrogen-silane fuel enhance the design efforts towards the develooment
produces greater thrust than its serodynamic drag at ~of this type of engine. The results presented here
fvalent to 2600 a/s. are the first record of the thrust produced by a
. fully integrated scramjet wvhich has been tested In

JNTRODUCT IOH an impulse facility.
- MOOEL DESCRIPTION

This paper descr

Extensive investigations, both numerical and
experinental, have been conducted to deteraine If
scramjets  produce sufficlent  thrust to be A schematlc of the scraanjet, fuel tank and sting Is

economically viable for hypersonic flight. Although shown 1n figure 1. The scramjet 1s connected to the
these investigations are jmportant, the wmost fuel tank which in tern is connected to the sting.
definitive way to detersine the viability of s The scramjet 1s <ylindrical in shape with a conical
s to perform flight tests with a fully forebody and thrust surface. It has an slualnum
That Is to s3y, flight centrebody and 23 stalnless steel cowl. The fuel
tests of & scramjet with {ntakes, combustion tank 1s cyllndrical in shape and is made from
chambers, thrust surfaces and exterjor surfaces. stainless steel. The sting is 3 brass cylindrical
Flight tests can be made ln Lwo ways. A scramjet plpe. Semlconductar slraln gauges are attached to
could be propelled through Lhe almosphere vith a the sting approxizately 200 mm dcwmstream of the
sultable carrler of alternatively, and what was used fuel tank.

for the tests described here, flight tests can be The sting and mode] are suspended by fine threads so
performed In 3 hypersonic test facility. _that the combination Is free to wmove in the
The free piston driven shock tunnel T4 was used to dlrection of the axls of the tunnel. The fuel tank
test the axlsysmetric scramjet seen in figure 1. and sting are shielded from the test flow. This
The drag or net \hrust produced by the scraajet was shielding 1is requlred to ensure that the forces
obtalned wusing & deconvolution force balance which are measured are only the aerodynanic forces
(Sanderson and Simmons (1991)). The time-history of acting on the nodel.

the force acting on the scramjet Is obtalned by The overall length of the scramjet is 274 sa and its
numerically deconvolving seasurements made of the external dlameter i 71 sm.  The conical forebody
axjal strain ina sting attached to the scramjet. has a 9 degree half angle and the thrust surface has

This type of balance was originally designed so that & 11 degree half angle.
a force could be deconvolved over a perlod of Six identical coabustion chambers are distributed

scramjet 1
integrated configuration.
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Figure 1. Schecatic of the scramjet and Its fuel tank.

around the cyllndrlcal centrebody. The combustlon convolution integral,
chasbers afe 8.5 w=a lorg and of constant
cross-section. The centrebody 1s cyllndrlcal with a
dlameter of S1 ma.

A connecting pipe between the podel and the fuel
tank is 75 o= long. The fuel tank shlelding which
seals on this pipe starts 55 =3 downstreas of the When the impulse respcnse and the oulput are known
end of the thrust surface. Aerodynasic drag on this deconvolutlon technigues can be used to solve'lh'e
55 am sectlon constitutes part of the drag on the jnverse problem to find the tlime-history of the
scramjet. axial force on the nodel.

Fuel could be tnjected upstrean of the combustion The lmpulse response which characterizes the system
chamber intakes from .njectors located on the can be found elther experimentally or by using
conical forebody o©F {roms injectors within the dynamic finite elerent analysls. For the present
intakes posluoned at the entrance to the cosbustion tests an experizentally deterslned lapulse response
chambers. In the tests described here. fuel was has been used. This was found by suspending the
injected only from the injectors located at the model and sting by a fine wire attached to the tip
entrance to the combustion chasbers. The upstreas of the conlcal forebody of the scrasjet. The wire
fnjectors were plugsed. was then cut close to the tip of the forebody to
In each combustion chasber there is one injector. produce & sudden resoval of 8 tensile load. This is
Each injector is 3 2an oriflce angled at 30 degrees equivalent to 2 step-like drag load applled at the
to the centreline of the scramjet and jocated t1p of the model. The resulting strain gauge output
centrally at the entrance to the combust jon chasber. (figure 2) measured in the sting gives the step
Fuel 1s supplied to the injectors from the fuel tank response for the systea. The jupulse response is
by ®eans of a pipe through the centrebody of the then found by differentiating the step response with
scramjet. respect to time.

The fuel pressure is monitored in the fuel plpe as The opening of the fuel valve & fev mllllseconds
shown In flgure 1. Tnis pressure and calibratlon before the arrival of the test flov added soae
factors for the {njectors are used to determine the complications to the force balance measuresent
mass flow rate of the fuel. 1t is assuped that the technique not previously encountered.  Previous!

flow through the injectors {s choked. The pass flow (Sanderson and Simwons (1991)) strain gauge s\;nalz
rate of the fuel 1is varied by changing filling

pressure of the fuel Lank.

Fuel flov 1s controlled by 3 fast acting valve

jocated betweed the scramjet and the fuel tank. The

valve fully opens in approx\ntely 6 ms (depending

on filling pressure) and closes In approximately 100
ns. -

A S
y(t) = Ig(t-t) ult) dr. w
°

FORCE MEASUREMENT TECHNIQUE

THE FORCE KEASURBIZTZ —-—=—=—=

Volts

The force balance used to measure the scrasjet’s
thrust is described in detall by Sanderson and
Slamons (1991) amd involves delernining the
time-history of the force acting oo the test model
by monitoring the axial straln on 3 long sting
attached to the base of the podel. VWhen the flow
starts around the aode]l the resulting aerodynamic
forces cause slress vaves to propagate and reflect
within the model and fuel tank. These vaves are T

transmitted into the sting and are sonitored by the ime (ms)

straln gauges. Such a system can be modelled 3s 2

linear systes characterized by an input ul{t) - the

axial force on the wmodel, 30 output ylt) - the

strain measured tn he sting and an impulse responsé Figure 2. Strain gauge output as a function of time
g(t) relating the two. This can be written using a for & unit step load applied to the scramjet rose.
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had only been processed o the point in Lime at
which waves that reflected froa the downstrean end
of the sting returned to the measurement locatlion.
However, 1t was found in the work of Porler et.al.
(199)) that signals could be processed beyond this
time provided that an Impulse response was used
which included characterization of these reflected
waves. Since the opening of the fuel valves causes
an output on the strain gauge signal It became
imperative 1n the present tests that slgnals could
be deconvolved Lhrough 8 number of stress wave
reflections.

FUEL DESCRIPTION
Initially, hydrogen was used as the fuel, however,
i1t was observed that very little thrust was
obtalined. Jt is belleved that the combustion
chazbers are too short for the fuel to fully combust
at the conditlons targeted. To reduce the
combustlon length, silane (SiH,) was added to the
hydrogen. 13% of the fuel's volume was silane.

Fuel was injected at an equivalence ratio of 0.8.

A typlcal record of the fuel pressure is glven In
figure 3. It can be seen Lhat the fuel pressure is
constant during the test time. The fuel pressure
rezalns constant for approximately 3 ms, after which
tt falls rapidly as the fuel is dralned from the
fuel tank. It is critical that the fuel valve is
opened so that this 3 ms period 1s coincldent with
the test flow. [Ideally. the fuel pressure should
reach Its paxicum approximately 0.5 ms before the
test flow arrives. If fuel is injected early then
the mass flov rate of the fuel will not be steady
and furthermore, the time-history of the straln
induced into the sting from the injectlon of fuel
may not be fully recorded or will be excessively
force on the scramjet could

long. Consequently, the
not be properly deconvolved.
RESLLTS
Figures 3. 4, 5 and 6 display the peasurements aide
during the lests. Time =0 on all flgures
The flow

represents the same time during the tests.
arrives at the test sectlon at t = 0.5 ms.

FLOW PROPERTIES

In the operation of a reflected shock tunnel the
test gas 1s flirst shock heated and 1s then expanded
through a contoured nozzle. The temperature of the
test gas after it §s heated but before it s
expanded is determined using ESTC (McIntosh (1968))
to be 2700 K. Properties of the test gas in the
test sectlon are then deterained using NENZF (Lordi
et.al.(1566)). In the exper iments described here It
i{s assume that the test gas is in chesical
equilibriua as it expands down the nozzle. It has
been deteralned (hat, in the test sectlon, the test
gas bhas a velocity of 2400 w/s, a denslly of 0.09
xg/a”, and 2 temperature of 350 K. The total
enthalpy of the flow is 3.3 MJ/xg and therefore is
equlvalent to a f1ight speed of 2600 n/s.

Figure 4 displays peasurements made of the statlc
and Pitot pressures. It can be seen that the test
flow establishes {tself approximately 0.5 ms after
the arrival of the flirst shock. Subsequently, the
flow is quasi-steady for approximately 1.5 ms.
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Figure 3. Fuel pressure as a functlon of time.
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Figure 4. Wall and Pllol pressure as a function of
time.
FORCE MEASUREMENTS

Flgure S displays the oulput from the strain gauge
wounted on the sting. The thrust produced by the
tnjection of the fuel Is observed as a relatively
slow oscillatlon prior to lhe arrival of the test
gas. Vhen the test flow arrives it can be observed
that the output 1s more complex.

The output In Figure 5 is deconvolved using the unit
fmpulse response functlon to obtain the time-history
of \he net force on the scramjet. The result of
thls deconvolution s displayed in Figure 6.

Figure 6 displays three such decorvolved
tlng-hlstorles. These are the net forces on the
scramjel when

(1) fuel Is Injected Into a test gas of alr,

(I;) fuel 1s injected Into a tlest gas of nilrogen
an

{111) fuel Is not Injected and the test gas Is alr.
In the latter case it can be seen that the scramjet
experiences a drag-history which basically reflects
the slight decay observed In the Plitot pressure
(figure 4). 1t can be seen that the drag |is

17



approximately 14025 N.

Vhen nitrogen is used a5 a test gas and fuel Is
Injected the drag on Lhe scramjetl s approxisately
90220 N. Hence, the drag Is approximately SO N less
than the fuel off test in air. There Is a slight
difference in flov conditions between the alr and
nitrogen test gases, howvever, the drag is reduced
primarily due to the presence of the fuel. When
fuel is injected, it can be seen, prlor to the
arrival of the test flov, that the fuel Induces a
thrust of approximately 30 N, It ls speculated that
the the remaining 20 N reductlon iIn drag results
from the different test gases and fuel air
Interactions which possibly change the skin frictlon
coefflclents within the combustion chasbers.

Filgure S also displays the drag and thrust on the
scramjet when fuel Is Injected Into alr. It can be
seen, as above, that prior to the test flow the fuel
Induces a net thrust of approximately 30 N. As the
flow establishes Itselfl across the model the drag
increases, folloving closely the result obtalned
with the nitrogen test gas. However, once the flow
Is established Ignition of Lhe fuel occurs and the
drag is substantially reduced. 200 pus after flow
establishment the thrust crcated by the combustion
of the fuel is sufficlent to balance the drag. 1 ms
after flow establishzent and durlng the test tlme
the net thrust is approximately SO N. During the
test time the net thrust peeks at approximately 95 N
and is always greater than 40 N.

CONCLUS JONS

The impulsive force balance and the deconvolutlion
techniques described in this paper are sufficlently
advanced to wméasure the net force on a complicated
zodel.

The use of an experimentally deterained unit impulse
response function has asade It possible to deteralne
vith good frequency response the net force
time-history on a model such as the scranjet, vhere
the time-history of the forces applled to the model
are of the order of 10 ms.

The scramjet used in these tests, although producing
more thrust than drag, will need to be wmore
efficlent to becowe viable. The technique described
above has wmade It possible to test newv designs In
hypersonic Ispulse facilities. Thus, definitive
values for overal] performance of scramjet designs
can now be obtained relatively sliaply and cheaply at
hypersonic conditlons. :
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INTRODUCTION |

This note reports tests in a shock tunnel in which a fully Vintegrated scramjet configuration
produccd net thrust. The experiments not only showed that impulse facilities can be used
for assessing thrust performance, but also were a demonstration of the application of a
new technique @ to the measurement of thrust on scramjet configurations in shock
tunnels. These two developments aré of significance because scramjets are expected to

operate at speeds well in excess of 2 km/sec, and shock tunnels offer a means of

generating high Mach number flows at such speeds.

THE MODEL AND TEST FACILITY

A sketch of the scramjet model and fuel tank is shown in Figure 1. The scramjet
centrebody, shown in streamwise section in the figure, consisted of a conical forebody
with 9° half angle, a cylindrical section of 51 mm diameter, and an afterbody of 10° half
angle. It was partly surrounded by a axisymmetric cowl, which had an internal diameter
of 67 mm over the parallel section of the centrebody, and was of 71 mm outside
diameter.  Filler pieces, which are not shown, divided this parallel section into six
constant area combustion chambers, each of which subtended an angle of 26° at the
centreline. Fuel was injected through six orifices, each 2 mm in diameter and angled at

30° to the centreline. They were located at the upstream end of the combustion
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chambers. The filler pieces between the combustion chambers extended upstream in the
form of intake compression ramps which processed the flow in the forebody shock layer
through two shocks, each of 8° deflection. The leading edges of the cowl were shaped to
prevent these shocksr spilling from the intake, thus forming a convérgent duct leading to

the combustion chambers. The radial dimension of this duct was 10 mm.

The fuel supply system is also shown in the figure. The fuel tank was filled before a test,
and the supply valve remained closed until the test was initiated. The recoil of the shock
tunnel closed a switch to operate the solenoid valve, Which opened the supply valve. As
the fuel flowed to the model and fuel injection orifices, its pressure was monitored by a
PCB piezoelectric pressure ransducer. The system was designed so that sonic flow
occurred at the orifices. As shown, the fuel tank and valve assembly was shielded from
the flow by an aerodynamic shroud. In normal operation, the upstream end of this
shroud was located 50 mm downstream of the termination of the scramjet afterbody, and
to check that this was sufficient for the shroud to have no influence on the forces on the

scramjet, a test was run with an insert to increase this distance to 125 mm. No change in

the measured force was observed.

The experiments were done in the free pisfon shock tunncl T4 at the University of
Queensland which had a shock tube 10 m long and 76 mm in diameter. A mixture of
Argon with He!ium was u;ed as the driver gas, and the ratio of the two was varied as the
stagnation enthalpy was varied to ensure that a sufficient period of approximately constant
nozzle stagnation pressure Wwas maintained tt;roughout the tests. The contoured
hypersonic nozzle used for the tests had a throat diameter of 25 mm and a test section

diameter of 250 mm, and was operated with a reservoir pressure of 37.5 2.5 MPa.
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SCRAMJET THRUST MEASUREMENT IN A SHOCK TUNNEL

THE STRESS WAVE FORCE BALANCE

A stress wave force balance, as originally outlined in ref 1 by Sandcrson and Simmons,
was used to measure the axial force on the model. They employed the method to
measure the drag on a short cone, but it has since been developed for longer cones @,
and for long cones with the load distribution imparted by a blunt nose @.  Essentially, it
involves measurcment by 2 strain gauge of the time variation of stress induced in a stress
wave bar by the forces on the model, and deconvolution of the resultant record to obtain
the net force on the model. As shown in Figure 1, the stress wave bar was attached to
the downstream end of the fuel tank, and the strain gauge was mounted some 250 mm
from the junction. The stress bar was free at the downstream end and was suspended by

wires, which did not influence the propagation of stress waves.

The relation between the force input u(t) and the strain gauge output y(t) can be written

by using the impulse response g(1) relating the two, as

y(t) = [, gt -7 u() or

Dynamic finite element computer simulations showed that the sum of the forces
distributed along the length of the model could be accurately rcpresemed by a single force
applied at the nose, SO the required g(t) was obtained experimentally by vertically
suspending the model and stress wave bar by a fine wire from the tip of the forcbody,
and suddenly severing the wire. The resulting strain gauge response was then
differentiated with respect to time to find g(t). It was mecessary to establish g(t) for a

period of several milliseconds, in order to accomodate the generation of thrust by fuel
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SCRAMJET THRUST MEASUREMENT IN A SHOCK TUNNEL

injection before the initiation of the test flow. As the stress wave bar was only 2 m long,

and was madc of brass, this implied that the impulse response included stress wave

reflections in the bar.

A computer program was prepared to deconvolute the above integral with this g(t) and

applied to yicld the axial force for each test.

EXPERIMENTS AND RESULT

The experiments were conducted with a fuel consisting of 13% silane (SiH,) and 87%
hydrogen by volume, yielding typical results as displayed in Figure 2 @ Figure 2(a)
displays the pitot pressure and static pressure of the free stream measured during a test,
showing that the flow reaches an approximately quasi-steady state about 0.5 milliseconds
after first arrival at the test section, and that state subsequently persists for approximately
1 millisecond. Records of the axial force experienced by the scramjet are displayed in
Figure 2(b). It can be seen that with no fuel injection, the scramjet experiences a drag
force of 140 + 25 N. When nitrogen is used as the test gas, and fuel is added, the drag
on the scramjet is reduced substantially. The test conditions with nitrogen differ only
slightly from rthosc with air, so most of the-diffcrcnce is atiﬁbuted to the thrust due to
fuel injection alone. When the fuel is injected into air, it can be seen that, prior to
~ arrival of the test 7ﬂ£wi, Ehc fuél prdduces a thrust of approximately 40 N, and as the flow
about the model qstablishes itself the drag increases, closely following the nitrogen result.
However, once air flow through the combustion chambers allows ignition of the fuel, the

thrust due to combustion increases until, during the test time, it is sufficient to produce a

net thrust on the scramjet of more than SON.
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SCRAMJET THRUST MEASUREMENT IN A SHOCK TUNNEL

The variation of the thrust with tunnel stagnation enthalpy, or with the computed test
section velocity ©®, is shown in Figure 3. It can be seen that although the net thrust is
positive around stagnation enthalpies of 3 MJ/kg, it falls off répidly with increasing
stagnation enthalpy. Itis thought that this is largely due to the dissociation of combustion
products in the combustion chamber. An attempt was made to increase the maximum
thrust measured by either increasing the amount of fuel injected, or Vﬁl;y”lowrcring the

tunnel stagnation enthalpy. In both cases unsteadiness in the flow resulted, suggesting the

onset of thermal choking.

In order to confirm that the flow in the combustors was supersonic when combustion was
taking place, pitot and static pressures were measured at the downstream end of one of
the ducts just upstream of the expansion caused by the upstream comer of the afterbody.

At a stagnation enthalpy of 3.3 MJ/kg the ratio of the two was 4.1, yielding a Mach

number of 1.75 £ 0.1.

The performance of the scramjet configuration tested was not impressive, as the
maximum observed net thrust of 60 N corresponded to a fuel specific impulse of only 200
seconds. However, no serious attempt was; made to optimiéc the configuration for net
thrust, as is witnessed by a fuel-off drag co-efficient of 0.13 at a stagnation enthalpy of 3

MJ/kg. Substantial improvements may be expected from proper attention to aerodynamic

design.
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The two-dimensional thrust nozzle presents a challenging problem. The loading is not
axisymmetric as in the case of a cone and the internal flow presents some design difficulties. A
two-sting system has been chosen to accommodate the intenal flow and achieve some
symmetry. This can be seen in Figure 1. The nozzle is 300 mm long and together the nozzle
and stings weigh 6.55 kg. The angle of the ramp walls is 11° and the area ratio is 4.76.

The situation is complicated by the fact that with the small ramp angle and the internal
pressure on the nozzle walls, loading is predominantly transverse. Yet it is the axial thrust
which is to be measured (i.e. the tensile waves propagating in the stings). Although bending
stress waves travel at most at only 60% of the speed of the axial stress waves, the system
needs to be stiffened against bending. The second sting was originally only used to preserve
symmetry. However, the pressures on each thrust surface may be quite different at some
conditions, so at this stage the signals from both stings are being averaged as a first order
approximation of the net thrust. The expected axial thrust from this nozzle is not large so thin
stings are required. In addition to this, the contact area between nozzle and sting needs to be
maximised. The result was that it was decided to twist the stings through 90°, without
distorting their cross-sectional shape, just aft of the nozzle.

Finite clement analysis showed that this would not significantly alter the propagation of
the axial stress wave in the sting, while the rigidity of the system is greatly increased.

Figure 2 shows the numerically predicted response of the nozzle to a step point load
and the experimentally measured step response to a point load. The results indicate that the
speed of response of the balance is adequate.

The 300 mm long nozzle is freely suspended behind a fixed scramjet combustor. A3
mm lip at the exit of the combustor will ensure there is no flow Jeakage, while simultaneously
allowing free movement of the nozzle and stings. Around the perimeter of the lip there is
approximately 0.5 mm of clearance with the nozzle. This is shown in Figure 3. The alignment
of the nozzle behind the combustor has been one of the challenges of this experiment.
Sufficient free movement is required to measure signals of a uscful duration (production of
positive thrust will accelerate the nozzle towards the combustor) while flow leakage onto the
front face of the nozzle is undesirable. ' )

The stings are mounted into the top surface of the nozzle ramp walls in order to keep
them out of the nozzle exit plane (see Figure 3).

There are static pressure tappings in the ramp walls of the nozzle and a pitot rake
provides a survey of the flow at the exit of the nozzle. Combustor static pressures arc also
measured, and shots are repeated with the nozzle removed in order to measure the pitot
pressure across the combustor exit. The scramjet is 600 mm long and fuel is injected from a
central planar strut.

The thrust measured via the strain gauges will be the net axial Joad on the nozzle. This
should be less than the thrust calculated from static pressure measurements by an amount equal
to the skin friction. Figure 4 shows how the static pressures in the nozzle are different on
cither side for the non-combustion cases at 9 MJ/kg. The open and closed triangles represent
the static pressures on one thrust surface for mixing and fuel-off conditions, respectively. The
comresponding pressures on the opposite thrust surface are indicated by the open squarc
symbols. It can be seen that there is a significantly different pressure on the first half of cach

thrust surface when there is no combustion. The open and closed circles depict the pressures
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on the two thrust surfaces when there is combustion. In this case, the pressure distribution is
essentially symmetrical. Figures 5 and 6 show the strain signals measured in each sting for the
non-combustion and combustion cases just described. When there is a different pressure on
each thrust surface, 2 different strain is measured in sting. It is for this reason that the strain
signals from the two stings are being averaged to obtain the net thrust. However, this is t0 be
further investigated.

The pressures inside the lip region and inside the nozzle shielding have been measured
for all conditions. The flow which leaks into these regions only becomes significant

approximately 3 milliseconds after the test time.

A Mach 4 contoured nozzle is used in the experiments. In the result shown in Figure 7,
the thrust calculated by integrating: the static pressure measurements on the on the thrust
surfaces is compared with the deconvolved strain measurement of the net thrust for the cases
of air only and hydrogen fuel injected into air at approximately 9 Ml/kg nozzie supply
enthalpy. At this stage, no attempt has been made to quantify the skin friction. The gain in

thrust due to combustion is visible in this result.
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SCALING IN A SCRAMJET COMBUSTOR

M.V. Pulsonetti and R.J. Stalker | 7(75- / / 97 ,7 ?

Studies of scramjet combustor scaling have been extended to include testing of a "small"
combustor, thereby allowing comparison with results obtained in a "large” combustor of
nearly identical configuration. As shown in the table and in Figure 1 the scale of the two

combustors varied by a factor of 5.

It was anticipated that the combustion process would scale as the product of pressure with
length if the temperature, the Mach number, the velocity, the free stream composition and
the equivalence ratio were the same. To achieve this whilst allowing for the necessary
difference in pressure the two models were tested with different shock tunnel nozzles. The
large model was tested in a nominal M = 8 nozzle, with an intake consisting of a pair of
opposing wedges preceding the model, which produced shocks to reduce the Mach number
to approximately 3.4 before the flow entered the model inlet. It was then expanded to
raise the Mach number again. The small model was tested in a nominal M = 4 nozzle,
with the nozzle flow passing directly to the inlet of the model (i.e. "direct connect” mode).

The wedge intake for the large model was adjusted to yield similar combustion chamber
Mach number for both models. Then, by matching the stagnation enthalpy, it was possible
also to match the temperature and the velocity. The free stream composition was matched
by operating at the same nozzle supply pressure. Since the nozzle throat, and the initial
nozzle divergence angle were similar, the composition at which chemical "freezing” took
place was approximately the same, and by ensuring that this was not changed by the
shocks in the inlet of the large model, it was possible to arrange that the model flows
experienced approximately the same free stream composition.

The two combustors were of constant area downstream of the injection strut. Thus the
large combustor was of rectangular cross-section, 50 x 100 mm, and the small combustor
was 10 x 20 mm. The injector strut spanned the large dimension of each duct, and was
located in the mid plane of the duct. Unfortunately, manufacturing difficulties made it
impossible to scale the thickness of the injector strut, and the large duct used an injector
thickness of 10 mm, while the small duct injector strut was 3 rfam thick. Since the flow

expands to fill the duct cross-section as it passes the injector exit, this difference in relative
injector thickness should not be significant.

Wall pressure distributions were measured along each of the ducts, and a comparison is
shown in Figure 2. The pressure is normalised with respect to the pressure measured at a
point opposite t0 the injector exit, and the distance downstream of the exit is normalised
with respect to the height of the duct. It can be seen that, when normalised in this
manner, both ducts produce quantitatively similar pressure distributions, confirming the
initial hypothesis that the combustion process would scale as the product of pressure with

length.

The flow conditions for the experiments are shown in the table. Using these conditions,
the Reynolds’ number, based on duct length, was 3.7 x 10° for both ducts. Therefore the
mixing layer was turbulent.
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previous tests (€.g. "Scaling and Ignition Effects

2, Report on NASA Grant
large and the small
length. Further analysis of this da

ducts. This also scaled approximate
ta is under way.
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NAGW-674, Supplement 8, 1993) was in

H,,, =74 MK/kg
Large Scramjet Small Scramjet
P 18.6 KPa 91.2 KPa
T 1500. K 1500. K
M 4.36 4.30
u 3400 m/s 3200 m/s
1.36 1.27
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IN A SCRAMET

A.Paull

Mechanlcal Engineering Departaent
Unlversity of Queensland
St Lucla 4072 Australis.

. Abstract

Experimental results are glven for the specific
impulse produced by 8 two-dimensional scramjet at
flight speeds ranging between 2.5 and 5.5 kw/s with
a cosbustien chamber Mach .number of 4.5. Both
hydrogen and ethane fuels were used. Results show
that provided sufficlently high pressures and
sufficiently long combustion chamsbers are used
specific lspulses in excess of 1500 s can be
obtained with hydrogen. Ethane produced specific
impulses less than 600 s with the sase conditlons

and model confliguratlon.
. Introduction

In the past ten years there has been renewed
interest in alr breathing engines for the purpose of
hypersonic flight. One of the more proaising
engines 1is the scramjet. Many computational
predictions of a scramjet’'s efficiency have been
made (e.g. Kerrebrock {1992)), however, there is
1imlted experlmental data available which can be
used to valldate these predictlons. One of the
purposes of the experiments reported here was to
obtaln good experimental data which can be used to
validate codes vhich predict the overall performante
of a scrasjet.

The overall performance of the scramjet 1s
measured in teras of specific impulse. It 1s
generally accepted that specific impulses in excess
of 1000 s are required before scranjets can be &
viable alternative to rocket propulsion.
Experiments have been perforaed by Stalker and
Morgan (1984) where the Mach number at the intake to
the cosbustion chamber was nominally 3.7,
showed that the specific lmpulse peaks at a flight
speed of 2.2 kw's and decreases rapidly to zere 1If
the flight speed is less than 2.0 ka/s and decreases
monotonically with increasing flight speed and s
zero at 4.0 kn/s. Although the flight speed 13 2
more relevant parameter to hypersonic flight, the
temperature of Lhe test gas §s probably wore
relevant lo the chemlstry of combustion. In the
experiments reported by Stalker and Morgan and the
experiments reported here the flight speed 1is
directly related to the test gas temperature. As
the flight speed increases then so does the test gas
temperature.  (See table 1). The flight speed at
which the specific Impulse peaks in Stalker an
Morgan's results has a test gas temperature of
approximately 950 K. By using the global
approximation proposed by Pergamont (1963) for the
induction perlod of a hydrogen-oxygen reaction, It
can be shown that the induction pericd becomes
exponentially large for temperatures less than
approximately 1000 K. Thus, as the coabustlon

¢ c1ght € 1983 vy the aserican Insilete of heronsullics dnd Astrenswiics.
Ing. ALl vignis resarved
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chamber duct length 1s finlte there is Insufficlent
time for the reactlon to take place. Hence, the
specific impulse drops to zero simply because the
fuel has not burnt.

At higher temperatures the decrease in specific
impulse does not primarily result froa incomplete
combustlon due to insufficlent combustor length, but

. 1s the result of a decrease In heat released. As

the free stream temperature increases the percentage

of water formed when the reaction reaches
equllibrium, decreases. Therefore, there s less
heat released at the higher temperatures. As a

result, when the freestream temperature rises there
is less energy avallable for thrust production and
therefore the specific impulse decreases.

the
the
the

The scramjet 1is most effliclent when
temperature at the intake to the cosbustor is
Jowest which can produce combustlion within
length of the combustor. This means that for
reasonable size combustors the temperature at the
fntake must be maintained near 1000 K. Therefore,
as the flight speed iIncreases, If the peak
efficiency is to be maintained, the Mach number at
the entrance to the combustion chamber must
increass.

The main alm of the experiments reported here
was to determine the specific impulse as a function
of flight speed (or temperature) at a Hach nuaber
greater than that used by Stalker and Morgan. A
Mach nusber of nominally 4.5 was chosen. .

Experiment Description

The experiments were undertaken in the free
piston shock tunnel T4. Flight speeds range from 2.5
kn/s to 5.5 km/s, the Mach number at the intake of
the combustlon chamber was nominally 4.5 and intake
static pressure ranged from 30 kPa to 120 kPa. The
tunnel was driven so that the static pressure and
Hach nusber were steady through out the test time.
The test time ranged from 1 to 2 ms depending on the
test conditlons. Flow properties at the intake to
the combustion chamber were monitored by measuring
the static and Pitot pressures. The remalning flow
properties at the intake vere deterained numerically
from the non-equilibrium codes NDZF (Lordi
et.a).1966) and ESTC (MclIntosh 1968). Table 1.
displays the conditlons at the intake to the
combustion chamber for each experiment as predicted
using theses codes. The test gas vas alr.

The scramjet consisted of a combustion chamber
followed by a 11° divergent section as shown 1in
figure 1. The scramjet combustlon chasber had a
rectangular cross sectlon of dimensions 27 mm x 54.5
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Figure 1.
thrust surface.

The coabustion chamber was 576 wa long. The
fuvel Injector was Sam thick and located in the
centre of the duct as shown In figure 1. The exit
plane of the injector was located 83 ma downstream
of the leading edge of the combustlon chamber and
the fuel vas alwvays injected downstream through a
supersonlc nozzle. The leading edge of the injecter ...
wvas 73 ma upstreas of the entrance to the combustion

chamber.

Statlc pressure measurements were taken along
the centreline of the wider wall. Measurements were
taken at the exit plane of the injector, 30 ma and
10 ma upstream of the corner to the thrust surface
and every 20 m= down the thrust surface. The
transducers were sounted 1n wmounts desligned to
suppress nolse induced by vibration of the model.
Measurements were taken from each transducer every 3

Hs.
Experimental Analysis

_The thrust or force produced in the upstream
direction was deteralned from the wall pressure
seasuresents made on the thrust surface. It was
assumed that the pressure seasured at each locatlon
was equal to the pressure over a rectangle with
dimensions 20 sm X $4.5 sa centred on the point at
which the measuresent was made. The total forward
thrust wvas obtained by susaing the total force on
the thrust surface as determined from the pressure
peasuresents at any one tise and determining the

nent of this force in the upstreasm directlon
(.e. sln(uo) x total force).

The effliclency of the scramjet is measured 1In
terns of the speciflc impulse. The specific
impulse, Al, is defined a8

Al = AT/a/g (§3)
where AT is the trust increment produced by the
injectlion and burning of the tuel‘ i ls the mass
flow rate of the fuel and g=9.8 w's .

The thrust increment is obtained by subtracting
the thrust produced when fuel is injected {fuel-on)
from the "thrust® produced when fuel 1s not injected
{fuel-off). There s some variation 1in the
condltions between the fuel-on and fuel-of{ runs.
in conditlons the
thrust is first porsalized by the
the difference between the normalized thrusts is
obtained. To obtain the correct dimensionality thls
difference 13 then sultipiied by the Pitot pressure
from the fuel-off run. Thus,
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Schematic of scramjel

. gurface occurs.at S75 ma.

T Theust surface

combustor and

T T
AT = [ - aff ) P
_F:n —F:rr sef 2
The flow propertles displayed In Table 1 are the
flow properties of the fuel-of{ run. The flow

properties of the fuel-on run were within 10X of the
fuel-off propertles. )

The Incremental specific impulse §s an estimate
of the specific impulse produced by a complete
scramjet. That is, a scramjet which has an intake,
in addition to a combustlion chamber and thrust

surface. This estimate is exact if there are no
loses due to frictlon and the vave drag is reduced
to zero. The incresental specific impulse is a good

estimate if the frictional loses are small and the

" intake, combustion chamber and thrust surface are

designed to minimlze wave drag.

Experimental Results

Figure 2 displays 3 typical record of the
statle pressure during the duration of the flow.
Fuel was Injected at an equivalence ratlo of one.
This particular record 1s the pressure measured 20
an downstream of the corner. The test tlme has been
marked. .

Flgure 3 displays a typical distribution of
pressure during the test tise .at the end of the
combustion chamber and along the thrust surface when
fuel is 1njected. The distance displayed on the
x-axis 1s the wetted distance dowvnstrean of the
combustor inlet. The beginning of the thrust
It can be seen that there
is a drop In pressure downstrean of this point
followed by 2 rise and a steady decrease to zero.
The rise is also present in the fuel-off case,
however, it 1s greatly reduced. The primary cause
for this rise is the cosbustlon of the fuel.

Figure 4 displays the thrust as 8 function of
time for a typical fuel-on run. It can be seen that
the thrust slowly rises then plateaus (to within
§%). The slow rise 1s reflecting the traversal of
the shock down the thrust surface. The trust
measurement ls taken in the plateau region,

experllentsi 7presented the incremental
was determined as 3 functlion of
both hydrogen and ethane fuels,

In the
specific 1mpulse
flight speed for

Hydrogen Fuel Results

The hydrogen fuel was injected at mass flow
rates which produced equivalence ratlos of a half
and one (st'olchlo-etrlc). The speciflic impulse vas
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Figure 3. Typlcal static pressure distribution at

the end of the combustlon chamber and along the

thrust surface.

each f1light speed for two nominal intake
36 XPa and 100 kPa, although there w33
considerable varlations in pressures for each
nosinal condition. (see Table 1). These two nominal
condltlons will be referred to as the lov and hlgh
pressure conditlons, respectively. Figure S
displays the results of these experiments.

obtalined at
pressures,

It can be seen from flgure S that for an
equivalence ratio of one and at the high pressure
the general feature of the results are
simllar to those obtalned by Stalker and Korgan,
which are also displayed on figure S. The major
difference belng that the peak specific Impulse has
1800 s to 1600 s and, as s expected,
the peak specific ispulse 1s at a greater flight
speed at the higher Mach number. The freestreasm
temperature at the peak specific impulse at a Mach
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Figure 4. Typical thrust record.

pusber of 4.5 ls approximately 800 K, which 1Is
slightly lower than that recorded by Stalker and
Korgan (953 K} for the lower Hach nusber condition.

These results are also qualltatively consistent
with the calculations made by Kerrebrock (1992).
There has been no attespt at this stage to
quantitatively coapare the predictions sade by
Kerrebrock #ith these experimental results.

At the low pressure conditlon It can be seen
that at an equlvalence ratio of one the sharp peak
in the specific lmpulse which occurs at the higher
pressure condltion does pot_ occur. »jn_addition, the
highest value of specific iapulse 1s approximately
half that at the higher pressure condition. This is
belleved to be the result of Incomplete burning of
the fuel. At the lower pressures there 1is
insufflclent length in the coabustion chamber for
either cosbustion or aixing of the fuel and alr to
occur.

At ap equlvalence ratio of s half the trends
are similar to those observed at an equlivalence
ratio of one. However, it can be seen that the
specific lmpulse produced at the Jover equivalence
ratio 1s generally higher. This 1s belleved to be
the result of a greater percentage of the fuel
burning to form water. It is unclear at this stage
{f this is caused by better mixing or is a kinetlc
effect or both.

Ethanc Fuel Results

displays the specific 1mpulse
fuel when injected at the high

Ethane was Injected through
used for the hydrogen fueled

Figure 5 also
produced by ethane
pressure conditions.
the same Injector
experiments.

The fvel was Injected at a mass flow rate which
produce an equivalence ratio of a half. It can be
scen that in thls model a relatively saall specific
impulse 1s produced by the ethane. However,
previous .experiments presented by Paull (1992)
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hydrogen. Hence, 1t is not surprising that a poor § 9.8 ws
specific lmpulse vas obtained using this model. H, Total Enthalpy
Al Specific Impulse
usion H Mach Number
I [ Mass Flow Rate
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v Hs T P p M v .
ya/s Mi’kg K kPa kg/n’ /s

Low Pressure Runs
2.8 3.9 700 35 0.189 4.5 2.4 0.9
2.9 4.2 g70 30 0.11 4.4 2.6 1.0
3.3 5.3 1020 28 0.09 4.5 2.8 1.0
3.5 6.2 1220 X0 0.09 4.4 3.0 1.0
4.2 8.8 1590 35 0.07 4.3 33 0.9
4.9 11.8 2370 39 0.05 4.3 3.8 1.0

Bigh Pressure Runs
2.6 3.3 6X 72 o0.40 4.6 2.3 1.0
2.8 3.8 760 7% 0.35 4.5 2.5 1.1
2.8 3.9 800 94 0.40 4.5 2.5 1.0
3.1 4.9 960 77 0.28 4.5 2.7 1.0
3.5 6.1 1270 87 0.2¢ 4.4 3.0 0.9
3.7 7.4 15870 103 0.22 4.3 3.3 0.9
4.6 10.6 2530 121 0.16 4.2 3.7 1.0
.2 13.7 3040 110 0.12 4.4 4.} 1.1

voLLUL
3 [y _x_
285a828

cueooo00 ©
858888 8

Table 1. Free stream propertlies of the test gas at
the entrance to the combustor when fuel was not
injected. Hydrogen vas used as fuel for both the
high and low pressure conditions at ¢=¢, and é=ég s-
Ethane was used at the high pressure condition at

¢=0.5.
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8.0 CONCLUSIONS

From a survey of the literature, litle work was found on high cnthalpy supersonic
parallel central injection flows, downstream of the potential core. Of the work
reported, most dealt with ignition or reaction limited flows. A dctailed study was
undertaken into the effect of fucl injection parameters on the mixing and combustion in
a constant area duct with mixing limited high enthalpy flows. Transverse injection

cxperiments were also performed for a comparison.

&LDisplacement Thickness

The CFD paramcter study showed that the wall pressure generated was mostly
dependent on the stagnation temperature. This was because the temperature had a
direct effect on the fuel velocity which was the most important parameter in generating
turbulence. The mixing rate was virtually independent of the stagnation pressure of the

fuel as it has little cffecton the fuel velocity.

The displacement effect of the mixing layer on the pressure rise was studied. It was
found that by reducing the area of the duct by the combined displacement thicknesses
of the mixing layer and boundary layers, that the pressure could be predicted. The
effect of heat addition was found to increase the displacement thickness by lowering

the density of the mixing layer.

The effect of mass addition through boundary layer growth and mixing layer growth
was found to be equally important to generaling pressure as the heat addition from
combustion. It was found that an incremental increase in displacement thickness
produced a different amount of pressure rise depending on how close the total
displacement thickness was to the height of the duct.

8.2 Temperature Effect

From examination of the literature, it was concluded that the effect of increasing the
fuel stagnation temperature was it effect on the fuel velocity for mixing limited flow,

and its effect on ignition for reaction limited flows.

From the results, only four runs had problems with ignition delay. These were all with
cold injection. Heated injection at the same free stream conditions reduced the ignition
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delay by a least an order of magnitude. This was consistent with the observations from
Necer and Drewery [1975) and Huber et al {1979].

Increasing the fuel stagnation (emperature increased the velocity of the fuel stream.
This decreased the velocity difference between the fuel and air streams which in turn
reduced the mixing. This was consistent with the wall injection experiments of Hyde et

al (1990]

The CFD results showed that the duct was very mixing controlled. The highest overall
cfficiency occurred with slow fuel injection, which increased the mixing efficiency and
cold air conditions, which decreased the flame temperature and decreascd the fraction

of dissociated reaction products.

The velocity and density profiles showed that as the fuel stagnation temperature
increased, the velocity gradient decreased and the mixing rate decreased. The
decreased mixing decreased the displacement thickness and resulted in a lower

pressure rise.

The different pressure rises between air conditions with the same amount of mixing
was explained by examining the displacement thickness. The different mass flow rates
of air for the different conditions resulted in different areas under the pu profiles. For
the same mixing layer width, this caused an increase in the displacement thickness with
larger mass flow rates and a decrease in displacement thickness for lower flow rates.

In conclusion, the highest duct exit pressure was with low enthalpy air and low
enthalpy fuel. This condition was close to the ignition point. Increasing the fuel
temperature decreased the ignition length but also decreased the mixing rate.

8.3 Duct Height Effect

It was concluded that if we know the relationships for the displacement thickness of a
mixing or combusting jet and for the boundary layers in a duct we can calculate the
pressure in a duct of any height with the same jet by simply reducing the area of the
duct by the total displacement thickness. 1If the growth rate of the mixing layer and
boundary layers is small so as to not produce strong shocks, then the pressure can be
calculated by one dimensional isentropic theory.
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It was concluded the combined effect of mixing layer displacement thickness and
boundary layer displacement thickness that causes the change in pressure between
ducts of different sizes.

4 Equivalen atio E

The pressure results show that the rate of wall pressure rise grows linearly to an
equivalence ratio of 0.65 and then changes slope. The rate of pressure risc then grows
linearly from ¢=0.65 to ¢=2.4. The rate of increase of displacement thickness with
cquivalence ratio of the air+fuel experimental and CFD results after $=0.65 was the
same as the nitrogen+fuel. This suggested that the further increase in wall pressure
after ¢=0.65 was duc 0 mass addition rather than heat addition. This was supported
by the temperature of the duct exit which peaked at $=0.75.

Increasing the mass flow rate of fuel decreased the amplitude of the experimentally
observed pressure fluctuations. This was consistent with the observations of Gilreath
and Schetz [1971] and Sullins and Anderson [1982].

Increasing the mass flow rate of fuel caused an increase in ignition delay. This was
consistent with the observations of Synder et al [1965] and Huber et al [1979]

The CFD mixing efficiency increased as mixture became more fuel rich or fuel lean.
This was consistent with observations by Northam and Anderson[1986).

8.5 Comparison of Transverse Injection and Parallel Injection’

Transverse injection experiments with cold and heated fuel injection showed little to no
effect of fucl stagnation temperature on the duct exit pressure. The heated injection
created a much greater disturbance to the oncoming flow resulting in large fluctuations
in the measured wall pressure near the injector. This is consistent with the work of
Chams and Collins {1970] who reported that the stagnation temperature had no effect
on mixing but increased the radius of the bow shock formed by the jet.

When the waves were normalised by dividing by the nitrogen+fuel runs, the
proportional pressure risc showed remarkable similarity between all fuel and free
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stream conditions.  An ignition length of approximatcly 150mm was recorded for all

conditions.

When the transverse injection was compared to parallel injection with the same fucl

and air mass flow rates, similar pressure rises were found. This was consistent with the
simple mixing theory of Northam and Anderson [1986].

The longer ignition times of the transverse injection with cold walls and cold fuel were
consistent with the observations of Huber et al [1979].
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6. SCRAMJET COMBUSTION SURVEYS

6.1 INTRODUCTION

For reasons outlined in Chapter 1, supersonic combustion of hydrogen has received new
interest in recent years. Asa result, the amount of research literature devoted to the feasibility,
design, and performance of supersonic combustion engines has reached the level where entire’
books are dedicated to the review of current research. It is not feasible to go into detail on
scramjet design here and the reader is referred to Murthy and Curran (1991) for a review of
the topic. The purpose of this chapter, then is to present concentration measurements taken
with the mass spectromeler across the fuel jet downstream of 2 parallel injector in hypersonic
air.

Scramjets are essentially simple in geometry because the energy associated with
hypersonic flow can bum through thin or intrusive elements of the engine. Because of the
inherent simplicity of shape, scramjet combustors can be modeled for experimental studies at a
reduced scale and well approximated by rectangular ducts (Stalker and Morgan, 1984).
Extracting optimum performance from the engine relies upon maintaining control over the
mixing, and stabilizing the combustion in a short region upstream of the thrust surfaces,
(Stalker, 1991). The control of the mixing and combustion can principally be achieved through
{he means of fuel injection, making the study of jet mixing important for scramjet design.

6.1.1 Parallel Injection from a Strut

Four principle means of injecting fuel into the supersonic air flow have been proposed for
scramjet engines:
1. Parallel injection from 2 strut or struts in the free-stream;
2. Parallel injection from a slot in the wall of the combustor chamber;
3. "Veclored' injection from orifices flush mounted in the wall but inclined to the
flow direction; and
4. Transverse injection from orifices in the wall of the combustor.

Of these methods, parallel injection from a strut is the simplest and the obvious starting
point for a mass spectrometric analysis of supersonic combustion. This is because the model is
wo-dimensional and has the simplest geometry with no wall effects.

Paralle! injection from a strut involves passing hydrogen through the downstream end of
a long narrow injector aligned parallel to the air flow direction (Figure 6.1). The two co-
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238 CHAPTER®G

flowing streams then mix at a rate that is dependent on the velocities, densities, compressibility,
initial wrbulence of cach gas stream, and the reaction rate of the mixing gases.

Ferri, Morctti and Slutsky (1965) first noted that if the temperatures were high cnough,
then as the fuel and air mix diffusively, the rate of reaction was controlled by the rale at which
the diffusive mixing of the hydrogen and oxygen occurs. This is known as a ‘diffusion
controlled flame’. An aliernate form of the diffusion controlled flame in supersonic flow occurs
when the fuel mixes at lower temperatures and densities so that the ignition is delayed. In this
case, after. ignition, the diffusion of heat through the premixed gases controls the rate of heat
 release and the location of the reaction region.

The advantage of strut injection, as opposed to parallel wall injection, is that the fuel is
introduced into the centre of the free-stream so that the fuel jet mixes on both sides and the
flame front is kept away from the engine structure. Experiments have shown that where the
flame front intersects a wall there is much increased local heat transfer, (Kanury, 1975).
Experiments in shock wunnels have also shown that the combustion pressure rise from parallel
wall injection is lower than parallel strut injection, (Stalker and Morgan, 1984). The major
disadvantage of the strut in the free-stream is the heal transfer to the strut. Transverse
injection from an orifice forms a complicated, three-dimensional flame structure which has a
faster mixing rate but may cause 100 rapid a combustion at low hypersonic flight speeds.

] Initial
Free-stream Velocity

Air flow Profile

Fuel X _

Injector
-~

Figure 6.1 Parallel Fuel Injectionin a Supersonicr Flow

6.1.2 Theory of Supersonic Mixing and Combustion

Understanding of the physics of supersonic turbulent mixing has so far been mostly
driven by empirical results. The equations of motion of compressible turbulent shear layers are
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so complex that, as yct, n0 analytical solution has bcen found. Numerical simulations are also
currently unable to adequately predict the behaviour of the turbulence in highly compressible
flows. Incompressible. constant density modcling of parallel injection has been successful at an
analytical level by using simplified parabolic cquations and simplified transport properties,
(Schlichting, 1968, Weinstein, Osterle and Forstall, 1956).

The success of the incompressible solutions for velocity has led some researchers (Libby
and Schetz, 1963; Cassacio, 1964: Zciberg and Kaplan, 1965) to attempt to account for the
change in density throughout the flow field by transforming the incompressible plane to the
compressible plane using co-ordinate stretching techniques based on the local density. The
success of this technique has been limited in hypersonic flows, even in the absence of chemical
reactions, (Casey, 1991). Principally, the conclusion drawn from this lack of success is that the
compressibility and the variation in transport properties arc, in themselves, important (o the
production of turbulent mixing (Dimotakis, 1991). Brown and Roshko (1974) found that gas
compressibility was a more critical influence on the growth rate of the mixing region thickness
than the density ratio between the two streams. Currently, the knowledge of supersonic jet
mixing relies upon empirical correlations and therefore further experimental rescarch in
previously unexplored flow regimes is a valuable aid to further understanding.

6.2 EXPERIMENTS AND RESULTS

In order lo examine the amount of mixing and reaction of hydrogen injected into a
hypersonic air stream, the mass spectrometer was used to measure the species concentrations
at several transverse locations downstream of a hydrogen jet. For the same experimental
conditions, at the same location, the pitot pressure was measured, to compare the momentum
flux jet thickness with the concentration jet thickness. Generally, the peak definition of the
spectra produced by the mass spectrometer for _lhcéc experiments was superior 1o any of the
previous experiments, although the higher densities sometimes caused arcing between

electrodes.

6.2.1 The Experimental Test Flow Conditions

Four different nominal test conditions were used. That is to say that the initial shock
wube conditions were identical for experiments at each condition, but there was a small spread
in the final calculated test conditions. These experiments were performed with 5 mm
diaphragms in the shock tunnel in order to produce sufficient levels of static pressure for
combustion to occur. The specific enthalpies of the four conditions are listed in Table 6.1
along with the conditions in the test gas calculated using NENZF. These conditions were
chosen because they covered the range of flight speed from 3.4 km/sec to 4.9 km/sec which
might correspond to Mach 5.5 combustor flow (see Figure 1.2). Since the Mach number of
the flow through the combustor was Mach 5.5, the static temperatures of the flow ranged from
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1000 1o 1700K, which was the expected range of optimum tempcrature in the combustion
cycle. The densitics chosen were the highest obtainable at which the mass spectrometer could
be made to operate, given the problems encountered with the arcing and sprcading of the
peaks. These densities ranged around 0.05 kg/m’. '

The expected contamination levels of the lest gas at these conditions were, based on
measurements of Chapter four, less than 10 % by mole fraction. The exception was the
highest enthalpy condition which was expected to have a contamination level of around 10 %
by number. Atthe highest nominal enthalpy of 12.5 MJ/kg this may have reduced the effective
specific enthalpy to around 11.5 MJ/kg, based upon the room temperature specific heats of
helium, argon, and air. As the influence of the driver gas could not properly be incorporated
into the calculation of the nozzle flow, the nominal conditions are used. As the mass of the
helium is very small, the influence of the contamination on the energy balance in the flow was
not large but the transport properties could be altered. It was possible that the reduction in
temperatures and pressures caused by the loss in enthalpy could be off-set by ‘an increased
release of internal energy duc to recombination in the nozzle flow. It was really only a concern
at the highest nominal enthalpy condition.

The stagnation and static pressure of the test gas in flows produced by the shock tunnel
varied with time, so that in the interval of 0.5 to 1 msec after the start of flow, the stagnation
pressure generally fell slightly. The amount of this variation was kept to 2 minimum by the
addition of argon to the driver gas (Jacobs 1993), but the pressure was still not exaculy
constant. The variation can be seen in Figure 6.2 which shows the stagnation and pitot

1000 1
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0ol— ' Y —49

0 0.25 0.5 o ,,9.157"1 o 1

Time after rise in Pressure (msec)

—— Pitot Pressure Stagnation Pressure

Figure 6.2 The Variation of the Pitot Pressure and Stagnation Pressure
with Time for a sample run at Condition D (Run 114)
(The test time is defined from 0.5 to 1 msec and the stagnation pressure has been delayed by
0.19 msec to allow for flow starting) :
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pressure as a function of time from the start of flow 1o the end of the defined test region of
flow. The variation in the stagnation pressure and the pitot pressure is included in Table 6.1,
having been obtained from the change in the mean level of the flow as obtained from the linc of
best fit through the data for the test period. Generally the change in pressure Jevel was less
than 10%. The duration of the test period corresponded approximately to 3 passes through the
model, so the variation during a single pass was negligible in this instance.

The NENZF calculations were obtained without taking into account the nozzle boundary
layers or, for the highest enthalpy condition, the possiblc contamination of the test flow.
According to the results of Chapter 5, this meant that the NENZF calculations probably over-
estimated the levels of atomic OXygen and underestimated the levels of nitric oxide. To
examine the influence of the non-equilibrium chemistry, the nozzle flow calculations were also
performed with equilibrium chemistry for each of the four test conditions. These calculations
gave a static temperaturc and static pressure higher than were obtained in the non-equilibrium
case where the dissociation absorbed some of the energy of the flow. Non-equilibium
calculations could not be performed for Condition D due to limitations in the chemical

modeling in NENZF.

Table 6.1 The Experimental Test Flow Conditions

Measured Quantity Condition A Condition B Condition C Condition D
Driver gas composition 12%Ar88%He | 17%A83%He 23%Ar717%He | 25%Ar75%He |
Shock tube fill pressure (kPa) S5 80 105 160
Total pressure (MPa) 40.3 39.9 39.7 40.3
Pitot pressure_(kPa) 643 581 583 586
Static pressure (kPa) 19.6 16.7 129 1.1

Calculated Reservoir Conditions
Enthalpy (MJ/kg) | 122 94 7.8 56
Total temperature (K) | 6880 5770 5110 4150

Non-Equilibrium Calculation
Mach number 5.2 54 5.6 —
Temperature (K) 1750 1340 1050 —
Static pressure _(kPa) 19.4 12.6 15.8 —
Density (kg/m) 0.037 0.045 0.052 —
Velocity (mvsec) 4260 3840 3550 —
Speed of sound (mVsec) 819 716 631 ) —_

| __Ratio of specific heats 132 132 | 1.34 —
Pitot pressure (kPa) 625 &S 605 —_

Equilibrium Calculation
Mach number ‘-] 48 5.1 5.3 s.7
Temperature (K) 2278 1594 1266 761
Static pressure (kPa) 24 20.5 17.6 15.1
Density gkg{m'-‘) 0.036 0.045 0.05 0.069
Velocity (m/sec) 4358 3908 3610 3119

Speed of sound (mv/sec) | 908 766 681 47
Pitot pressure (kPa) 629 632 . 599 618
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The measured pilot pressurc and static pressure for each of the conditions are also given
in the data. These two quantities represented the only experimental verification of the
calculated conditions from the test section other than the use of the mass spectrometer. The
measured pressures were lower than the calculated pressures although the fractional difference

was within the combined errors in the two values.

6.2.2 The Experimental Model Configuration

The injector and duct geometry used in these expenments are shown in Figure 6.3. The
model was designed by Buttsworth (1994). The duct internal measurements are 80 mm wide
by 164 mm high. This meant that the maximum radial location of the nozzle exit flow entering
the duct was 91 mm. The actual test core had a radial extent which had not properly been
quantified but based upon the calculations used by the designers, had a radial extent of 72 mm,
83 mm downstream of the exit plane of the nozzle (Jacobs, 1993). The location of the nozzle
exit plane with respect 10 the inlet of the duct was 40 mm upstream (i.e. 197 mm upstream of
the injector exit). Some of the flow was therefore not part of the test core of the nozzle. The
results of pitol pressure measurements in the exit plane, however, have shown that the velocity
and density do not vary greatly outside the test core and that the model should not suffer
extremely because of these variations.

The large size of duct was chosen to avoid complicating problems with boundary layers
which have occurred in duct studies in the past (Casey, 1991). The large duct also providcd as
close a simulation of a free-jet as was possible. The width represented the largest injector
which could reasonably be used to provide a uniform flow, and the height was chosen by
Buttsworth (1994) to accommodatc a shock producing wedge to study shock induced mixing

and ignition in high encrgy air flows.

80 ma
—

==
L

. lrf

=z

177 mm : 7 Meawrement locations, 0, 5. 10. 15, 20 mm {rom ceoler fine - -

Figure 6.3 Diagram of the Scramjet v , )
(The dotted lines show the trajectories of Mach waves from the leading cdges
in aMach 5.5 flow)
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As the ratio of the height of the duct to the duct width is 2:1, the duct cannot be said to
be truly two-dimensional. To produce a wwo-dimensional free-jet in the shock tunnel test
region was not a possibility however. and this configuration represented the best
approximation. The jet may reasonably be considered as free in the transverse direction since
the distance to the injector from the walls in this co-ordinate gave a line of influence traveling
along a Mach line which intersected the centre of the duct at 370 mm downstream of the
injector. This meant that the influence of the upper and lower walls would, at most, be a single
weak compression wave from the boundary layer growth. Reducing the height of the duct
would allow these waves to reflect across the duct several times in an equivalent distance.
This was what, in fact, happened in cxpcrimérits by Casey and he reported this as one of the
major drawbacks of his experimental model.

The strongest wave present in the duct would have been the wave originating from the
front of the injector on the inclined side to the flow. This wave would have been able to reach
the centre of the duct after reflecting off the upper wall in the distance beyond which the
concentration measurements were taken. The effect of the injector therefore, was minimised
by having only a short length for the growth of the boundary layer, whilst also avoiding the
problems of the bow shock interfering with the mixing of the free-jet injection. The only
influence which the injector strut provided was the slight mismatch in pressure in the two
streams because of the different strengths of the shocks on either side.

The injector strut, being 152 mm in length and 7.59 mm thick, is shown in Figure 6.4.
For reasons to do with the experiments performed by Buttsworth, the injector strut was
asymmelric, having an angle of 6.6 degrees on one side and O degrees on the other. The result
of the asymmetry was to produce a slight mismatch in the static pressures on either side of the
injector. This was calculated by Buttsworth as being of the order of 0.1% difference. The
measurements were taken on the side of the injector which did not experience the bow shock

off the 6.6 degree wedge.
6.6 degrees ‘
/ C - ___
} 7.59 mm-j
152 mm
o g

Figure 6.4 Diagram of the Hydrogen Injector

Hydrogen was supplicd to the injector from a Ludwieg tube 25 metres in length with an
internal diameter of 25.4 mm. The hydrogen was released from the Ludwieg tube by a high
spced valve actuated from the injection pressure, (Stalker and Morgan, 1988). The opening
time of the valve was about | msec. Measurements of the dynamic pressure between the valve
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and the injector showed that peak pressurcs were reached around 3 msec after the valve
opened. The valve was opened 8 mscc prior 1o the arrival of the test flow and was triggered
off the recoil of the wunnel produced by the piston motion in the compression tube. Al the time
when the test flow occurred, the pressures measured by the dynamic pressure transducer had
fallen by 8% from the peak values.

The hydrogen was expended through a contoured nozzle to a Mach number of about 3.
The thickness of the throat was 1.74 mm and the height of the injector exit plane was 7.21 mm.
The rear ends of the injector were each 0.19 mm thick. '

The conditions in the hydrogen jet were obtained from calibrations performed by
Buttsworth (1994). Buttsworth measured the pitot pressure at the exit plane of the injector
and at the throat of the injector for a range of reservoir filling pressures and obtained empirical
curves for the stalic pressurc of the fucl jet as a function of the reservoir pressure. This
empirical relation was required 10 account for pressure losscs in the flow from the Ludwieg
tube to the injector. The area ratio of the injector nozzle was 4.14, which determined the
Mach number and assuming 2 total temperature of 296K, gave a static temperature and
velocity which were independent of the injection pressure. The theoretical Mach number from
the area ratio was 2.98 while the pitot pressure measurements gave a Mach number of 3.02.

The conditions in the exit plane of the hydrogen injector are given in Table 6.2.

Table 6.2 The Conditions in the Hydrogen Fuel Jet

Condition A Condition B Condition C Condition D

Conditions in the Exit Plane ]

_Mach number 1.19 3.19 3.19 3.19
Temperature (K) 91.5 ~ 1915 91.5 97.5
Static pressure (kPa) 10.4 9.9 7.84 6.46
Density (kg/m) 0.026 0.025 0.02 0016
Velocity (m/sec) 2390 2390 23%0 2390
Speed of sound (m/sec) 750 750 750 750
Pitol pressure (kPa) 136 130 | 102 85
Height (mm) 7.21 7.21 7.21 7.21

Conditions after Compression 10
Free-Stream Pressure 1

Mach number 2. 2.8 29 28
Temperature (K) _ 117 114 113 114
Static pressure (kPa) 19.6 16.7 19 1.1
Density (kg/m®) 0.041 0.036 0.028 0.024
Velocity (m/sec) 2280 2300 2310 2300
Speed of sound (mvsec) 823 810 806 812
Pitot pressure_(kPa) 195 175 137 115
Height (mm) 48 5.2 5.3 S.1
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The injector pressures used were supposcd to approximate the static pressure of the frce-
stream, but this was not achicved in practice. The free-stream static pressure was generally
higher than the static pressurc of the hydrogen jet at the exit of the injector. The physical
result of this mismatch was an expansion of the free-strcam gas and an associated compression
of the hydrogen jet at the cnd of the injector. The effect of the pressurc oscillations
propagated away from the injector and in the current geometry, after the initial perturbation
played no further influence on the mixing at sufficient distance downstream. The need to
adjust the statc of the hydrogen led to the assumption that the conditions in the hydrogen jet
and the effective jet height could be found by assuming an jsentropic compression from the exit
conditions to the free-stream static pressure, and that the adjustment took place in a distance
which was negligible compared with the distance to the measurements.  The adjusted
conditions after assuming isentropic compression to the free-stream pressure are also included
in Table 6.2. ' _

The profile of the injection wake was measured 500 mm downstream of the injector
which represents 66 injector heights downstream of the injector exit. The transverse locations
of the concentration measurements were 0, 5, 10, 15, and 20 mm as measured from the centre
of the duct. The distance from the injector and the possibility that the flow was not parallel
introduced the possibility that the centre of the velocity profile from the injector did not occur
exactly at the location of the centre of the duct. This was examined by the pitot pressure

measure ments.

6.2.3 Measured Pitot Pressure Profiles

To compare the velocity profiles across the mixing region with the concentration
profiles, and 10 obtain the value of the spreading coefficient, the pitot pressure was measured
for each of the four experimental conditions. This was achieved using a rake of in-line
transducers connected behind a stainless steel tubing of 2.65 mm extemal diameter and 2.04
mm internal diameter and spaced 5 mm apart. The rake is shown in cutaway in Figure 6.5.
The transducers vsed for thesc mecasurements were PCB 112A piezoceramic type transducers,
which are standard instrumentation for shock tunnels. The manufacturer's calibration was used
for the sensitivities of the individual gauges but they were adjusted slighly by a relative
calibration technique (Stacey, 1989). The same pressure (~ 75 kPa) was applied to all gauges
simultaneously and the relative calibrations were adjusted until the measured pressure as a
function of time co-incided. The average Jevel of the measurcd pressure was not changed and
the corrections 10 individual gauge's sensitivities were only a few percent at most.

Absolute calibrations were not obtained by this method as the error in the measurement
of the calibration pressure was 15%. This error was the result of the absolute error in the
Bourdon gauge used (o fill the calibrator and the change in pressure caused by the expansion
process in applying the calibration pressure. Additionally, as the measured levels in the
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cxperiment were in order of magnitude larger than could be obtained in the calibrator, the
value of 75 kPa was nol used to provide an absolute calibration.

The signals pro;iidcd by the pitot pressure rake in the mixing region were quite noisy.
Examples of the unfiltered pressure signals sampled at a rate of 1 MHz are shown in Figure
6.6. The time shown is from 0.5 to 1 msec after the start of flow. It is likely that the noise
was not a representation of the turbulence of the flow, but instead the resonant oscillation of
the cavity ahead of the iransducer. The dimensions of the transducer cavily were 2 mm
diameter with a total length of 27.5 mm length, of which the initial length was 21 mm. Using
the calculated free-stream specd of sound of 600 to 800 m/sec, these dimensions gave resonant
frequencies of 300 to 400 kHz, 22 to 29 kHz, or 28 to 38 kHz. 'The observed dominant
frequencies were approximately 30 kHz, which corresponded to the lower predicted
frequencies for longitudinal resonance. This was also supported by the observation that the
pitot pressure in adjacent gauges followed cach other for much of the test period. Were the
oscillations of the order 30 kHz to represent genuine free-stream wrbulence, then the scale of
the turbulent structure would have to be in the order of a hundred millimetres - larger than the

dimensions of the mixing region.

o secrti”orn A—A e

.
A . A 7
side view end view

Figure 6.5 The Pitot Press(;re Probe Rake.
(From_ §9uswonh. 1994, Fig 4.14) - .
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Figure 6.6 Sample Time Histories of the Pitot Pressure in the Mixing Region Flow
for Run 148, Condition A
(Samples from locations 25 mm, 10 mm and 0 mm from the centre of the duct)

The measured values of pitot pressure are shown in Figures 6.7 to 6.10 for the four
different test conditions listed in Table 6.1. The measured pitot pressure at the entrance of the
duct is shown as a reference line, as is the calculated value of the free-stream pitot pressure
provided by the non-equilibrium NENZF calculation. The predicted and measured values
agree quite well but the pitot pressure at the edge of the jet shows a consistent rise to larger
levels of pitot pressure than the expected free-stream values. This observation is consistent
with previous measurements of pitot pressure in hypersonic ducts and indicates that the free-
stream gas has undergone a compression. This c_:ompression may have resulted from the waves
from the boundary layers on the walls and from the injector strut. Altenately, the compression
in the free-stream rose from the entropy rise due to the mixing process and the subsequent
growth in displacement thickness of the mixing region. The magnitude of the increase was
greatest in the highest enthalpy case.

A further observation about the general shape of the profiles is that the measured values
of pitot pressure at £5 mm are not equal in three out of the four cases. The implication is that
the axis of symmetry of the pitot pressure profile had been shifted slightly (=<2 mm) into a
positive location in the duct. This corresponds to a shift towards the side of the injector
without the 6.6° wedge, which is away from the side of the injector that has experienced a
stronger shock and therefore should have a slightly larger static pressure.

The displayed error in the measurements represents the variation in the mean value of
pitot pressure during the defined test period. As the pressure fell slightly during the test time,
the mean value of the pressure was determined by finding the line of best fit through the data
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using least squares regression. The standard deviation of the pitot pressure signals was much
larger than this variation in the mean level. As discussed earlier, this large spread was not
representative of the free-stream variation and therefore did not indicate that the error in the

mean value was large, only that the oscillation of the pressure in the gauge cavity was quite

large.
Table 6.3 Measured Values of Pitot Pressure across Duct at 500 mm
,  Downstream from the Injector , ]
) Condition A Condition B Condition C Condition D
Inlet 601 633 623 571
NENZF 625 615 605 618
Location (mm)
-5 351 + 56 480 + 44 388 £+ 29 357+ 14
0 307 £ 30 431 £ 21 354 +13 345+ 04
5 323+39 433+ 78 382 %22 408 + 21
10 408 + 61 481 +09 412 +33 505+ 13
15 607 £52 602 + 40 519 £ 46 607 £ 30
20 7 71975 654 £ 16 617 69 624 £ 03
25 688 + 84 668 + 33 — , —
800
700
600 1
)
g 500 1
% 400 |
g 200 +
=
100 +
0 i - S
25 20 15 10 s 0 -5

Transverse Distance (mm)

Figure 6.7 ?itot Pressure Profile across the Miﬂng Region for Test Condition A.
(Air Enthalpy 12.2 Ml/kg)
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800 - Run 149

Pitot Pressure (kPa)
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Transverse Distance (mm)

Figure 6.8 Pitot Pressure Profile across the Mixing Region for Test Condition B.
(Air Enthalpy 9.4 Ml/kg)

Run 150

Pitot Pressure (kPa)

20 15 10 5 0 " s

Transverse Distance (mm)

Figure 6.9 Pitot Pressure Profile across the Mixing Region for Test Condition C.
(Air Enthalpy 7.8 Ml/kg)
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Transverse Distance (mny)

Figure 6.10 Pitot Pressure Profile across the Mixing Region for Test Condition D.
(Air Enthalpy 5.6 Mikg)

6.2.4 Measured Concentration Profiles

The concentrations at the measurement stations across the hydrogen jet were found by
the mass spectrometer in Runs 110 to 141. Because only the concentrations during the test
time were of interest the resolution of the data recorder was increased to allow more samples
to be taken within the limits of each peak, thereby reducing the error encountered earlier with
the thin peaks such as the helium. The duration of the data recording was only 2.5 msec at the
higher resolution but the test time was defined as being from 0.5 10 1 msec in any case. The
quality of the spectra was generally very good with most spectra, showing complete scparation
of the nitrogen, nitric oxide and oxygen peaks. Some spectra produced hydrogen peaks which
were large enough to saturate out the particle detector signal in the carly stages of the flow
when the density was greatest. For these runs and in the few cases where arcing occurred, the
test time was sometimes reduced or moved back past the 1 msec cutoff. The runs used for the
measurements are listed in Table 6.4, which shows the expcrimcmal conditions, test imes used
and the concentrations measured for these experiments.

Before presenting the analysis of the mass spectrometer measurements, a word of
caution must be given. The conditions in the mixing region behind the injector were strictly
not identical to the conditions in the free-stream where the mass separation calibrations
occurred (see Section 3.7). Principally, the pitot pressure and the Mach number of the pas
entering the first skimmer werc lower than in the free-stream. Also, the wake region
experienccd a gradient of conditions across the orifice at the front of the first skimmer. The
front orifice through which the sample was drawn was 2 mm in diameter which, from the pitot
pressure profiles, could have cxpcricnccd a difference in pitot pressure across it of up to 80
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kPa or 16%. This has been assumed to be negligible with regard to the cffect on mass
separation and the (reczing of the flow inside the skimmer. (In regions closer 10 the fuel
injector, where the difference in flow propertics can become very large in a transverse distance
of 2 mm, the use of the Mass spectrometer sampling system would need scrious attention to be
justified. The problem could be reduced by decreasing the size of the front skimmer).

Of the species of interest, the mass spectrometer was only calibrated for the relative
concentrations of hydrogen. argon, and helium with respect to nitrogen. The lack of
on data meant that assumptions had to be made about the behaviour of

comprehensive calibrati
r before quantitative estimates could be made of the relative number

the mass spectromel¢
density. For molecules of similar mass and structure to nitrogen, the calibration factors were
assumed to be 1. This assumption was adopted in Chapter S and gave reasonable results. This
meant that the nitric oxide and oxygen were assumed to behave in the same way as nitrogen
molecules throughout the processing by the mass spectrometer.

The remaining species of interest consisted of water, the hydroxyl radical, and the frce
atomic hydrogen, OXygen and nitrogen (H,0, O. N, OH, or H). The assumption was made
that there was no free atomic species of hydroxyl present in the flow. The calculated levels of
free-stream atomic nitrogen using NENZF were 2€ro in all conditions. The calculated levels of
{ree-stream atomic OXygen were small in all except for Condition A. This is supported by the
results of Chapter 3 which showed little variation in the size of the atomic peaks relative to the
molecular peaks as the enthalpy increased to 10 Ml/kg, and showed inconsistent variation at
higher enthalpies. Also, theoretical estimates of the combustion reaction rates predicted that
the reaction ime was of the order of 10 psec (Stalker and Morgan, 1982), implying that the
residence time of reactive species was small. Finally, the experimentally measured areas of the
peaks produced by the atomic species and the hydroxy! radical were not large compared with
the signal {rom diatomic species, SO, excepting an extreme artificial depletion of these species
relative to other species, il was unlikely that there was a large contribution 1o the number
density from the dissociated species. While not discounting the presence of such specics, their
presence should not alter the mole fractions of the stable species significantly, certainly not
beyond the error already present in these measurements.

A last assumplion must now be made 1o provide a calibration factor for the measurement
of the water molccule. For reasons of simplicity as much as anything else, this was taken to be
1. The actual calibration constant is not likely to be far from 1 as the calibration constant for
helium (the largest measured) is only 1.7 at these pitot pressures and the calibration constant
for hydrogen is 1 also. As the helium and argon are monatomic and the mass ratios for these
species are morc severe that the mass ratio of water 10 nitrogen, the error in the estimate of 1
for the relative calibration of water is assumed to be 25%, which is to say that the calibration
might be as much as 1.25 or as low as 0.75. With this final assumption the mole fractions of
the seven species can be calculated from the individual relative concentrations 1o nitrogen.

The fractions for the seven species were calculated from the areas under the peaks in the

recorded spectra and used the following formulas:
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(H,] 1 68 AreaH,
N, = 1 X0557 AcaN, (6.1)
!9_21 _ 1.68 Arca O,
N, — 157 AreaN, (6.2)
[NO] _ 1.68 Area NO
N, ~ 189 AreaN, (6.3)
(H,0] 1.68 Area H,0
(Nl ~ 1 X731 "AreaN, (6.4)
Driver 1.68 AreaHe 1.68 Area Ar

N, - %0313 AreaN, 187 AreaN,

Here the absolute mole fractions are obtained by dividing the relative mole fractions by
the sum of the relative mole fractions of each species. The mole fractions for a sample of the
runs as a function of time are presented in Figures 6.11 to 6.13. In these figu s the traces are
divided into hydrogen and water in part (a), the components of air in part (b) and the driver gas
contamination level of the sample in part (c). Itcan be seen that the traces show a variation

with time but that the concentrations are reasonably constant with time in the interval from 0.5

to 1 msec after the start of the flow. L

Concentration profiles across the mixing region have bcen obrlraihera from the
measurements from the individual runs. These are shown in Figure 6.14 to 6.17 for the test
conditions A to D. The errof bars represent standard errors of the mean of the measurements
from all spectra for cach run and do not include systematic errors from the assumplions
regarding the calibrations. The data presented in these figures is included in Table 6.5 The
same results expressed as mass fractions are given in Figure 6.18 to 6.21. In Figure 6.22 the
average molecular weight of the gas sample is plotted as a function of transverse distance.
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Table 6.4 The Conditions for the Test Runs for the Measurements of Species
Concentration
Run| Test Localion] Comment; Measured Measured |Enthalpy| Total Pressure]| Density |Vetocity| Temp.
Condition| (mm Total Pitot | (MInkg)| Temp. | (kPa) (kg/m3)| (nvs) | (K)
from Pressure | Pressure (K) '
axis) {MPa) (kPa)
19| B 0 | arcing | 393 577 93 | 739 | 17.5 | 0045 | 3827 {1325
110 D 0 | Hysa | 422 618 61 | 1368 | 166 | 0.068 | 3228 | 644
| ¢ 0 | Hpsa. | 365 s34 | 7.5 | 4964 | 144 | 0051 | 3485 | 998
1n2l. B 5 200d 37.2 520 90 | ss82 | 163 | 0.044 | 3766 |1263
3| ¢ s pood 38.3 538 75 | 4991 | 15.2 | 0053 | 3495 | 998
4] D 5 393 571 55 | 4081 | 146 | 0.069 | 3086 | 738
116] B 10 pood 40.6 592 98 | 5950 | 185 | 0.045 | 3910 |1408
n1| ¢ 10 39.0 616 27 | s0s6 | 153 | 0051 | 3533 |1033
(18] A | 10 | veood | 409 636 | 126 | 7047 | 195 | 0.035 | 4327 ]1805
19| D 10 40.8 579 s4 | 4041 | 150 | 0073 | 3064 | 722
20] B 15 | small | 383 582 91 | 5653 | 169 | 0045 | 3794 |1291
31| B 20 418 — 97 | 5913 | 190 | 0047 | 3893 |1394
35| C 20 9.8 — — — | — —_ | =
136] D 20 398 — 56 | 4105 | 149 | 007 | 3097 | 745
137] A 20 39.8 — 119 | 6796 | 190 | 0.037 | 4230 | 1717
138 A 1S 398 — 120 | 6815 | 19.0 [ 0037 | 4238 |1721
9| C 15 414 —_ 80 | 5196 | 166 | 0.0s3 | 3595 |1089
40| A 5 39.6 — | na | ew2]| 189 | 0038 4175 | 1683
41| A 0 409 —_ 121 | 6869 | — — — | =
Table 6.5 Measured Mole Fractions
[Condition[Location|  H, H,0 N, NO 0, Driver | #of | Stant | End
Data | Time | Time
Points](msec)|(msec)
0 10,63 £0.04/0.09 £ 0.00/0.20 £0.00/0.02 + 0.000.02 ¢ 0000051002] 7 | 069|102
s |0.69 £ 0.05/0.06 £ 0.01/0.18£0.01j003 £ 0.0010.03£0.00{0.00 £ 0.01] 8 | 0661103
A 10 10.56 £0.05/0.12£0.01022£0.01j0.03 £ 0.0010.020.00{0.05 +0.01] 10 | 052} 1.00
15 10,50 00300.12 £ 0.02)0.28 + 0.01/0.01 + 000004 001l0042002] 4 | 086] 102
| 20 0081005007 0.0110.48 £ 0.01/0.06 £ 0.01/0.12$0.00[0204£ 001} 6 121 | 148
0 lo.68 £ 0.180.18 $0.02/0.17 £ 0.03/0.03 £ 0.01 05¢002005£001] 3 [1.17] 176
< 10.66 £ 0.04/0.0% £ 0.05/0.22 + 0.01/0.02 £ 0000005 ¢ 000001 £000] 6 | 071|097
B 10 10,51 2005/0.05 £0.0303040.010.06 0. 008+000003+001| 10 | 05109
15 10,35 £ 0.05}0.05 £ 0.0200.34 £ 0.01j0.09 +0.01}0.16 +0.01 00s+001] 10 | 050|098
::20— 0,13 £ 0.03/0.04 £ 0.06/0.46 * 0.010.06 £ 0.000.15 £ 001 014x001| 6 ]103] 131
5 10.64 £ 0.05/0.04 £ 0.00/0.23 + 0.01/0.02 $0.00006 £ 000001 £000] 10 | 053|101
5 loa7:005003% 0.00[0.35 +0.01/0.05 + 0.0010.10%0.00[0.00 £ 0.00{ 10 | 051 | 1.00
C 10 10.34 £ 0.05}0.02 £ 0.00/0.44 + 0.01/0.07 £ 0.000.13 000001 too01] 10 | 053] 101
75 10.24 £ 0.03}0.04 £ 0.00{0.47 £ 0.02/0.04 $+0.010.15 ooiloosxo01] 4 ]092]1.08
50 10.06 £ 0.03/0.05 £ 0.00{0.60 + 0.03j0.03 £ 0.0110.16 00210112002 4 | 140 1.56
0 10.682£004]0.04 0.01/0.21 £0.00,0.03 +0.000.06 * 0o0oloor £000] 6 | 098|125
D s 10.40£0.05}0.05 £ 0.0210.39 +0.01/0.05 £ 0.000.15 £ 0.00000£001] 10 | 049097
70 10.24 £ 0.05j0.05 £ 0.02/0.49 £ 00110.05 £ 0010.22 ¢ 0.01/0.00£0.00] 10 | 049 | 097
20 10.02 2 0.04/0.04 £0.02]0.70 £0.010.04 $0.020.19 ¢ ooiloozzoo1] S |151]173
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Figure 6.13 (a) The Mole Fraction of Hydrogen and Water as a Function of Time
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6.3 DISCUSSION

Generally, the accuracy of the measurements was not as good as those of the driver gas.
This was duc to the problems with calibrations and performance of the instrument. The
systcmalic error in the measurement of hydrogen was 20%, water 25%, nitrogen 10%, nitric
oxide 10%, oxygen 10%, helium 5% and argon 10%. These estimates were dominated by the
estimated error in the calibration constant. The random error in each measurement (due to the
sampling rate or lack of peak definition) is included as an error bar for each measurement.
Considering that this was the first time that measurements of this type had been performed, this
level of error was not unexpected. Despite this, there is still a considerable amount of
information contained in the ineasurements, much of it unique.

An additional difficulty with the results can be seen in the traces of the concentrations as
a function of time (Figure 6.11, 6.12 and 6.13). That is, that the concentrations at each
Jocation in the flow were not steady with time. The general trend was for air-component
concentrations to fall with time after peaking at around 0.5 msec of flow, while the hydrogen
concentration rose with time after 0.5 msec. Where there was noticeable water, the water
concentration fell with increasing time. An obvious explanation for this was that the effective
height of the hydrogen fuel jet (after adjusting to the ambient static pressure) was increasing
with time as the static pressure of the test gas fell. Such variations were independent of the
operation of the mass spectrometer, and are therefore not so much a problem with the
measurement, as with the interpretation of the data. In fact, this observation highlighted the
importance of the instrument's ability to obtain time resolved measurements, as single instant
concentration measurements would not reveal the unsteadiness of the combustion.

A comparison of the results from the different test conditions, indicated that the highest
enthalpy air flow, Condition A, showed a considerable amount of water across the fuel jet. A
small amount of water appeared to have been produced in Condition B, while in the two lower
enthalpy conditions, there was no measurable amount of water produced. In all three of the
lower enthalpy conditions there was significant penetration of the oxygen into the fuel jet
without reaction. In Condition A, the amount of oxygen measured inside the fuel jet was not
significant. This indicated that at only the highest enthalpy condition had complete reaction of
the mixed air and fuel occurred, and that the combustion of the fuel was mixing-limited. In the
three lower enthalpy conditions (B, C, and D), the fuel and air mixed but did not react.

Condition B may be (eaction-limitcd, since there was some waler present, while Conditions C

and D showed no evidence that ignition occurred. In all conditions, the measurement of large
amounts of hydrogen within the jet :ndicated that nothing close to complete mixing of the fuel
jet occurred.

At the defined test time, the transverse extent of the mixing region taken from the
concentration measurements and the thickness of the momentum flux defect both increased
with the increase in test flow enthalpy. Although the initial effective fuel jet thickness also

79



264 CHAPTER®6

incrcased with increasing enthalpy. this did not account for the relative size of the increase in
jet height 500 mm downstream. The pitot pressure profiles and the mole fraction of the
components of air ar¢ plotted simultancously for the four lest conditions in Figure 6.23. To
obtain a measure of the penetration of the free-stream molecules into the fuel stream, the water
was included as if it were dissociated into molecular hydrogen and oxygen. ‘['herefore the mole
fractions of test gas in the figure include the oxygen present in the form of water as well as the

mole fraction of driver gas.
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Figure 6.23 Comparison between the Pitot Pressure and the Air Mole Fraction 500 mm
Downstream of the Injector. o
(a- Pitot pressure, &~ Mole fraction of test gas (including water and driver contamination))

The free-stream pitot pressufc and the hydrogen jet pitot pressure were predicted to
increase as the enthalpy increased. This was reflected in the pitot pressure measurements,
except in the cenlre of the jet at Condition A. In Condition A, the centre line pitot pressurc
was significantly below the expected levels, and represented a greater deficit in momentum flux
(below the free-stream momentum flux) than the original momentum flux deficit of the fuel jet.
That this occurred co-incident with combustion possibly indicated that the density was falling
on the centre of the fuel jet as the temperature increased. If this was so, then the thickness of
the fuel jet concentration profile would be expected to increase and the free-stream pitot
pressure would be increased by the compression waves generated by the expansion of the
stream tubes in the combustion zone. There was a gfcatcr increase in free-stream pitot
pressure in Condition A than in the other test conditions. In Conditions B, C and D, the nise in
free-siream pitot pressufe was interpreted as a result of mixing stimulated compression waves.
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The momentum flux profiles and the concentration profiles given in Figure 6.23 show a
roughly equivalent height of the mixing region. This was expected in the case of a turbulent
mixing region where the turbulent diffusion dominatgd over the molecular transport. In a frce
urbulent shear layer between two semi-infinitc fluids, the growth ratc of the height of the
mixing region has been observed to grow lincarly with downstream distance, (Figure 6.24),
with the constant of proportionalily being denoted the spreading coefficient, (Schetz, 1980).
The spreading cocfficient in a compressible flow has been found to be a function of the velocity
ratio between the fuel and air streams, the density ratio, the level of density fluctuations, the
Mach number of the turbulent structure in the shear layer, the rate of heat release in a
chemically reacting flow and the initial turbulence levels in the free-stream flows, (Dimotakis,
1991). Even in the case of equal stream velocities, where intuition would suggest that the
mixing would be slight, the initial turbulence and density fluctuations act to produce stronger

mixing than molecular diffusion (Brown and Roshko, 1974).

Air Stream
- Turbulent
P § Mixing
Fuel Stream

e

Figure 6.24 Definition of the Spreading Coefficient %

Shear layer growth of compressible flows at low Mach number can be adequately
modeled by incompressible relations (Brown and Roshko, 1974). In incompressible non-

reacting flows the spreading rate of a shear layer between two semi-infinite fluids has been

correlated to the function (Dimotakis, 1991):

) (1-A)(1 +5'7) (-5 +5")
9 = G0 4 6% (‘ . l+2.9(l+r)l(l-r)) (6.6)

where r is the velocity ratio and s is the density ratio between the two streams. The constant
depends on the facility and other unknown factors and has fallen in the range 0.25<C<0.45.
Values of density and velocity ratios are listed in Table 6.6 for test conditions A to D.
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Table 6.6 The Empirical Predictions of Spreading Cocfficient and Mixing Region Height
for the Experimental Conditions '

7 Condition A_| Condition B Condition C | Condition D

Velocity Ratio, Uj:U” 05 0.6 068 0.74
Density Ratio, P:iPeq 1 08 0.54 0.35
Incompressible Spreading Cocfficient 0.11 0.09 0.07 0.05
Convective Mach Numbet 1.2 1 0.87 0.6
Predicted Compressible Spreading 0.02 0.02 002 0.02
Coefficient

Predicted Mixing Region Height (mm) i1 10 10 12

An cxtension 10 compressible non-reacting shear layers has been suggested by
Papamoschou and Roshko (1988). They introduced the concept of a convective Mach number
as a measure of the compressibility of the flow. In a flow with uniform ratio of specific heats,

the convective Mach number is defined by

U, +U
M 1 2

c = a +a, (6.7

where M is the conveclive Mach number, U is velocity and a the speed of sound, with 1 and 2
denoting each stream. This equation represents the Mach number of the large scale turbulent

structure with respect to the gas free-stream.

For the experimental conditions of the current

measurements, the convective Mach number is given in Table 6.6. Using this as the defining

measure of compressibility, the spreading rate is reduced below that p

redicted by Equation 6.7

as the convective Mach number increases. The experimental measurements are correlated by

an empirical relation:

M) = 08 M i02

Where f represents the reduction in the co

incompressible. This relation is plotted in Figure 6.25 al
As can be seen the majority of data is taken at

it is meant to represent (sources not included).
convective Mach numbers less than one.

6.8)

mpressible spreadring rate from the
ong with the experimental data which

The spreading coefficient predicted from the

conveclive mach numbers of the current test conditions are also given in Table 6.6. Ascanbe

seen, the opposing effects of velocity and density variations and the convective

Mach number

combine to produce an equivalent predicted spreading coefficient for each experimental

condition.
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In the experimental situation described here. immediately behind the injector, two shear
layers are present, one on ecither side of the fuel jet. Each is expected to spread with
downstream distance, although not necessarily independently from the influence of the other.
The two shear layers would be coupled by the waves they produced. Each set of waves would
travel through the opposite shear layer, possibly generating additional turbulence and
increasing the mixing rate. Al some point downstream, the two shear layers would intersect
and the nature of the flow would change from dual shear layers to a jevwake flow. After this
had occurred, (though perhaps before, duc to the coupling), the empirical results from semi-
infinite shear layer growth would no longer apply to the growth of the mixing region.

Upstream of the intersection of the two shear layers, the propertics on the centre of the
jet would remain close to the original properties and the pitot pressure and concentration
profiles should show axial values equivalent to those at the start of the jet. This region of ncar
constant propertics is referred to as the potential core. Downstream of the potential core, the
axial flow properties approach the free-stream properties, and the decrease in difference in
quantitics usually follows an inverse power law form with distance. In the far downstream, the
wransverse gradients of velocity and temperature become small and the growth of the shear
could be approx'\matcd quite well by the incompressible growth rates (Bradshaw, 1977).

Assuming that the coupling between the two shear layers was not significant, the length
of the potential core could be estimated from the height of the fuel jet and the predicted
compressible spreading coefficient. In these experiments, this length is 120 to 130 mm,
indicating that for most (75%) of the distance between the injector and the measurements, the

‘. Y ]

PYC VI IT L

Figure 6.25 Ratlo of Compressible to Incompressible Shear-Layer Growth asa Function
of Convective Mach Number :
(Dimotakis, 1991, Fig 4)
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mixing region will be behaving as a jeUwake flow and the empirical correlations for semj-
infinite shear layers will not apply. Tt remains of interest, however to discover how much
greater the growth rate is in a jet/wake mixing layer than in a free shear layer, and if the

predicted independence of the spreading rate with experimental conditions also applics to the
3

JetYwake flow.

From the measurcments, the half-height of the total mixing region was approximately 20
to 25 mm for Conditions A, B, and C and approximately 20 mm in Condition D. If the initial
distance required for the isentropic compression of the fuel jet to the ambient pressure was
ignored, then the spreading rate was about 40/500 or 0.08 (0.07 for Condition D). This was
much larger than the predicted spreading coefficient for free shear layers and represented a
much faster mixing and entrainment of the jet and free-stream gas than did a single shear layer.
The incompressible spreading coefficient for free shear layers was larger than, but much closer
to, the measured sprcading rates. This was consistent with the conclusions reached by Casey
(1991) from strut injection measurements in a narrow duct. His experiments were also
conducted far enough downsiream for the flow to bccome jeUwake dominated. The
independence with test conditions does not seem to apply to the jet/wake flow since the height
of the mixing layer is seen 1o grow with increased enthalpy.

Few other measurements of species profiles in shear layers have been reported, and none
in a high temperature, high Mach number flow. The few measurements that have been taken
imply that the transport of momentum, energy and species between the two streams does not
take place at equal rates. Chriss (1968) found that the centre line variations of hydrogen
concentration and momentum along the axis of a free-jet followed different functional forms,
Ginevskii (1966) found that the transport of heat occurred twice as fast as the transport of
momentum across shear layers in incompressible flows. The current results indicate that for
these experimental conditions the transport properties are very similar.

Past research has shown that turbulence levels in the facility have an influence on the
growth rate of the mixing layer. This was not quantified in these experiments, although the
noise level in the pressure measurements was quite large.

In summary then, the state of knowledge of the mixing between supersonic fuel and air
behind a parallel injector is not sufficient to theoretically explain the exisling measurements nor
to predict the outcomes of new experiments. In such a siluation, measurements of
concentration profiles across the mixing region downstream of such a combustor must be a
valuable addition to the measurements of densily and pressure which are routinely obtained.
Confidence in numerical simulations relies upon the ability of the equations used to model the
flow being able to reproduce experimentally obtained results. For these reasons also, the
exploration of new measurements in new flow conditions is essential to the development of
better understanding and modeling of the physically dominant processes in supersonic
combustion.

These experiments in hypersonic combustion have only scratched the surface of the
potential mass spectrometry offers to this field. The presentation of these results and their
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conscquences has been neccssarily brief, as further detail is beyond the scope of this thesis.
The information obtained from these initial cxperiments pose more qucstions than answers and
highlight many further avenucs for research. In particular, rescarch is requircd to more clearly
define the mechanisms controlling the spreading rate in ‘parallc\ injection in a supersonic flow
~aswellasto sample the gas closer to the injector in order 0 determine whether the spreading
rate changes significantly in the far downstrcam. It would also be valuable to perform
numerical simulations of the current experimental conditions in order to gain a greater

understanding of the turbulent mixing present in supersonic combustion.
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Transition of compressible high enthalpy
boundary layer flow over a flat plate

ABSTRACT

This paper presents the results of an experimental investigation
into the charactefistics of boundary layes transition 10 turbulence
in hypervelocity air flows. A series of experiments was conducted
using a flat plate model, equipped with static pressure and thin
flm heat transfer transducers, in a free piston shock tunnel Tran-
sition was obscrved in the sagoation eanthalpy range of 235 o
19-2 MJ/g. The transition Reynolds pumbes correlates well with
the upit Reynolds oumber through & simple empirical relation.
The influences of Mach oumber, pressure and wall cooling are

examined. The measured beat transfer rates in Jaminar and trbu-

Jent regions are compared with empirical predictions. Freestream
disturbances of the test flow were also measured and analysed.

NOTATION

speed of sound

wave amplitude ia unstable region

wave amplitude st the neutral point

amplitude of the sound radiated from the nozzle wall
boundary layer

constant of proportionality

diameter of Lbe nozzle

nommalised power density

frequency (H2)

peak frequency (H2)

dimensionless frequency = fw?

dimensionless frequency of the most amplified mode
specific enthalpy (Jkg)

mode] length (m}

Mach oumber

pressure (Pa)

atmospheric pressure

pitot pressuse (Pa)

beat fux (W/m?)
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R specific gas constant Jig K)
Re Reynolds number based on the distance from the lead-
ing edge
Re, wransition end Reynolds number
Re, transition oaset Reynolds number

Re, unit Reynolds number (l/m)

e
St Stanton numbes = pU(h, — ..)

t time (s)
T temperature (K)
U fiow velocity (m/s)
Y tatio of specific beats; intermitieocy factor
1 fraction of transition zone defined by Equation (9)
A driver gas compression ratio
P density (kg/m?)
< test time (5)
v kinematic viscosity (m/s)
<> average quantity
" Subscripts
0 stagnation quantity
w quantity at the wall
r recovery quantily
Superscript
! fluctuating quantity
INTRODUCTION

The predicton of boundary layer ransition is genenlly a probkm
related to high Reynolds number flows. Transition has been close-
ly investigated for many flow situations in the past, but there bas
been little investigation into the transition pbenomena relating
bypersonic, bigh enthalpy flows. The boundary layer has a signifi-
cant influence on the exiernal flow fields of re-entry bodies, such
as the Space Shutle, and would bave a critical influence oo
bypersonic duct flows such as those created in scramjet engines.
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In the case of subsonic and supersonic flows of low entbalpy,
boundary layer instability and transition have beea sccepied to be
related to the unit Reynolds pumber. Mach pumber and the
cooling of the walkh. The existence of unsieady waves in the
poundary layer bas beea substantiated by linear suability theory
and revealed by experiment®. The ooset of boundary layer
yansition is marked by the departure from lincar boundary layet
characteristics which were associated with the appearance of local
agbulent (noa-linear) events. The corresponding Reynolds num-
ber, in cases of zero pressure gndicot flow ovet fiat plates and
cones. was of the order 10°. Whea correlated with the influential
paramelers, gansition Reynolds pumber alwiys showed an
increasing trend with increases io unit Reynolds numbez, Mach
pumber and boundary layer cooling. Tt was thought at one time
tbat sufficicnt surface cooling covld result in complete boundary
layer subility and the possibility of maintaining the Jaminar stalus
indeBnitely™. '

When flow speed becomes hypersonic, however, some funda-
mental cbanges occur in the early stages of transition, which are
associated with the development of linear instability wavest). Lin-
ear suability analysis demonstrated What in addition to some low
frequency, of first mode instability waves which are dominant in
subsonic and supersonic boundary layer flows. there exist higher
frequency, of second mode instahilities, in bhypersonic boundary
layers. This second mode overtakes the role of the first mode and
bocomes dominant in Lhe process Jeading lo transition. Linear sta-
bility theoryt® indicates that boundary layer cooling, as deter-
mined from wall to stagnation temperature ratio, will enhance sec-
ond mode instability in hypersooic boundary layer and thus
reduoe the effect of Brst mode disturbances. Linear stability exper-
iments conducted by Stetson and Kimmek® discovered that the
wavclength of the second mode disturbances was equa) o twice
the boundary layer thickness. This assumed that the wave velocity
was the same as the velocity at the boundary layer edge. Stetson
and Kimmel speculated that socond mode disurbances were un-
likely to be dominant in tbe transiioa process. Consequenlly, sur-
face cooling should delay wansition in the bypersonic boundary
layer. However, whea second mode disturbances were known o0
be dominant, cooling of the surface would promote transition of
the boundary layer. This was also supported by Seddougui’'s® ou-
merical study which stated that surface cooling enbances (he
Tolimein-Schlichting viscous mode sctivily, and accclerates the
transition process in the compressible boundary layer.

pby™, and Ross® bave indicated (hat there was litde influence of
wall to recovery temperature ratio TJT, on the location of be

transition poinL Demetriadest® observed in experiments conduct- -

ed with a conical model that wall cooling deSnitely caused a sub-
am movement of the transition 2ooe. Sbock tunnel
experiments by Stetson and Rushtoal!® demonstrated a reduction
in transition Reynolds pumber as the temperatuse ratio TJT, was
reduced. The resuls of Richards and Stollery*" showed that the
increase of T,/T, may cause wansition reversal and re-reversal.
Tbe conclusion reached by Cary!? was opposite 10 all of the
above. He observed 2 moderate increase in wransition Reynolds
pumber with wall cooling and no transition reversal.

All of the above mentioned hypersonic wansition experunents
bad relatively Jow stagnation temperatures of enthalpies and bence
the flow velocilics were slso relatively low. The test conditions of

Figure 1. Skekch of the T4 shock tunnel.

these experiments were unlikely Yo cover e velocity range
encounlered by future space planes. Therelore, tansition daa @
hypervelocity boundary layer flows ase still required.

One of the features of hypervelocity and bigh enthalpy flow &
that high temperature and high heat taniler ratc is genentnd
whea tbe Blow is bounded by a solid wall. Lo other words, surface
cooling is relatively severe. Also, chemical reactions, such as te
dissociation of oxygen and nivogen molecules, are bound to occwr
in bigh tempersture Sows. The real gas effects are unknown fac-
tors in any transition study. In the present work an atlempl 8
made to investigate the influence of frecstream unit Reynold
pumber, pressure, snd wall cooling. on tbe transition under such
conditions.

EQUIPMENT AND EXPERIMENTAL CONDITIONS

Experiments were conducted at the University of Queensland'®
using the T4 [ree piston shock wanel (Fig. 1). A contoured nonzie
with a fixed area ratio was used and the nominal Mach number
was 50. A flat plate model (Fig. 2} with a 30° sharp wedge »=
placed in the test section. The bluntness of the model leading edge
was 008 mm, the total length of the plate was 600 mm and 13
widih 230 mm. A fence (not sbown in Fig. 2) was attached to each
side of the model 1o curtail the disturbances generated at the
corner of the leading edge. The first transducer bole was 50 mn
from the leading edge. the second 74 mm and the third 100 ma
Conscculive transducers were 17-5 mm apart.

The stagnation enthalpy of the flow varied in the range 2-35-26
MJkg. The nominal conditions were To = 2130-9130K
p=48-26kPaand M = 52-6-6. The flow speed varied from 21
to 60 kin/s. The cbange in static pressure was achieved by vary-
ing the thickness of the primary diaphragm in the shock tube. Tom
film gauges were flash mounted along the model (0 measure sw-
face temperatures during the lests, and temperature traces wore
then inle grated 1o obuain beat transfer rates. A pressure transdocer
was also mounted in tbe plate o obiain a reference static pressare
and to determine the sicady flow conditions.

The main objective of the present investigation was lo detect
the transition phenomenon in bypersonic and bigh entbalpy
boundary layer flows. However, the enthalpy range over whech
transition is observed is limited by the lengths of the test core and
the model. In shock tunncl tests with & xed nozzie, bigh enthalpy
is achieved by increasing stagnation and static temperatures. The
reduced density (~ 11 and increased viscosity (- (TP3) offsct e
increased velocity (= (T)°%), leading to an overall reduction of met
Reynolds number with the test flow velocity. As the flow entbalpy
increased, the unit Reynolds number decreased and the Reynokls
number based on the distance from the leading edge abo

Figure 2. Skelch ol he fiat plate model.
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Figure 3. Tes! time delermined by test gas contamination (taken
from Stalker and Morgan('®.

decreased. Therefore, (be onset of transition was delayed furthes
downstream from the leading edge al high enthalpy, and finally
beyond the model length. The paximum stagnation enthalpy of
the flow tested was 26 MJ/xg but no onset of transition could be
detected for stagnation enthalpies over 192 MJ/kg.

The decay of stagnatiop pressiure could be a concern when 3
steady flow over the Lest model is required for the examination of
transition. 1f the flow speed 3t e test section is U and the model
length is L. then the time required for flow to pass the entise
model is
=L

17

The bebaviour of stagnation pressure during this time interval is
crucial for the establishmeot of test flow over the model. For the
worst case, i.e. when the flow speed is he lowest, we have
06 4
==X s=290 ps
! 2100 2-9x10 1t
Over this period the reservoir pressure is reduced by 20%. This
amount of decay did not substantially influence heat transfer mea-
surement through which transition was detected as discussed later.
It should be noted that the laminar region of the boundary layer
was shorter than the mode) keagth. The pressure decay during the
pesiod when (e test flow passed e entire laminar region was
gmaller than that estimated above. Toerefore, the iest flow
voed in the T4 shock tunnel was considered reasonably
steady for the study of boundary layer transition.

To investigate the influence of decaying lotal pressure on tran-
sition, a series of runs was performed with 20% argon and 80%
belium driver gas mixture. This reproduced the flow conditions at
an enthalpy of 3:5 MJ/Ag. but with oo decay in stagnation pres-
sure. No difference in transition onset point was detected. Howev-
er, both the maximum stagnation entbalpy and contamination free
test time achievable by mised driver pases were smaller than
those achieved by belium driver.

The test time in 8 high-enthalpy refiected shock mnnel was
limited by the driver gas contamination of the test gas. The gas at
the vicinity of the sbock tube wall undergoes 3 bifurcated refiected
shock, and suffers 3 smaller change in velocity than the
centralised gas which passes through a normal refiected sbock. 1t
therefore forms a jet penctrating into the test gas region along the
wall, which in tum reduces the test ime. This problem bad been
investigated by Stalker and Crane(*h who formulated 3 theoty 10
estimate the length of useful test time produced by reflected shock

wnnel facilities. Using dis theory, Stalker and Morgan(t®

! (D

calculated the test time in lems of test slug length T 2HP* vs the
stagnation enihalpy sl the diaphragm rupture pressure of 571 MP»
(Fig. 3). For A = 60and H, = 20 MJAg the lest slug was shout
2 m which was more than three limes the model leagth. The stag-
pation entbalpies of all dats-acquiring test runs of the present
investigation were less than 20 MJ/kg and be lest slugs were
always longer than 2 m socording to Fig. 3. Jtcan be concluded
that the T4 free piston sbhock wanel provided sufficient Lest time
foc the establisbment of transitional boundary layer flow over the
fiat plate model used. This conclusion was also supported by the
establisbment of steady heat transfer rate within that test period.

The nozzle reservoir stagnation conditions were calculated
using the ESTC!® computer program. Tt uses the initial sbock
tube filling pressure, lemperature and the measured incident shock
speed o calculate the stagnation condition behind the reflected
sbock. It then isentropically capands this stagnation condition in
equilibrium untl the stagnalion pressure matches the value mes-
sured during the useful test fow period. The gas is assumed 1o be
stationary at this expanded condition, thereby leading to a Joss in
total entbalpy from sbock reflection conditions.

The test section freestream conditions were calculated using the
NENZF computer program!*®. Given the stagnation conditions in
the nozzle reservoir, ie. e end of the shock tube, the program
computes the expansion of the test gas through the noxzle.
The following calculation scheme was used. Chemical equilibni-
um was assumed for the flow upsiream of tbe throat. Chemical
nonequilibrivm calculations began downstream of the throat and
the cbemical kinetics provided by Lordi er ak'® were used. The
thennodynamic properties of the constiluent gases were modelied
by fitted polynomial curves for temperatures greater than SO00K.
and by a barmonic oscillator model below this lemperature. All
vibrational modes were assumed 1o be in equilibrium with the
flow temperature througbout the nozzle. The above calculation
scheme was verified by the measurement of pitot and static pees-
sures in the test section of the tunnel. The differences betweea the
calculated and the measured quantilies were estimated © be with-
in £15% for the enthalpy range within which the transition expen-
ment was conducted.

FREESTREAM DISTURBANCE MEASUREMENT

Expenriments examining the intensity of freestream disturbances
were conducted in the T4 shock tunnel. A pitot rake was mounted
vertically in the test section about 158 mm downstseam of the

_porzle exit, and copsisted of six pitot pressure probes with a

distance of 30 mum between esch adjacent probe. A PCB pressure
transducer with a response time of less than 2 pis. was mounted in
each of the probes. The response frequencies of the pitot probes
were not Jess than 400 kHz, and the pressure signals were sampled
al a rate of S00 kHz. The maximum frequency discemible from
the recorded data was not less than 250kHz

Pitol pressure measurements were taken for a range of test
conditions. Figure 4 demonstrates the variations of the fluctuation
intensity with the unit Reynolds number. Tt does not indicate the
existence of any correlation between pitot pressure fiuctuation in-
tensity and the unit Reynolds number. Each data point represents
the averaged valve of Auctuation intensities of the pitot probes
mounted in the rake.

Direct measurement of continuous flow velocity in the shock
1unnel facility was not possible. The flow disturbance or the noise
Jevel which is often indicated by freesucam velocity fluctuation
intensity was therefore difficult to oblain by direct measuzement.
However, it is possible to get an indirect estimate of this quantity
from pilot pressure measurements. The relation between fluctus-
tion intensity of the velocity and that of pitot pressure is discussed
below.
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Figuré 4. Pitot fluctuation intensity vs unit Reynolds number.

From the Rayleigh pitot twbe formula the following relation for
the pitol pressure P ins hypersonic flow field can be obuained,
assuming the gas is perfect,

P =Cp«’ -A2)

where C is a constant and
2
C=(Y;\)1-‘ Y;‘}

Taking the logasithm of both sides of Equation (2) and tben differ-
entiating yiclds

..(3)

2= (4

Since radiated noise is predominant in hypersonic wind tunnels,
it was assumed that velocity Suctuation was caused by sound
waves travelling in the flow ficl, and that the contribution from
vorticity fluctuation was negligible. The continuity equation which
in velocity and density due o acouslic

governs the variations
waves can be written as {ollows, assuming one dimensional flow,
dp du
®.= (5
p a

where a is the Jocal speed of sound. By introducing Mach number
into the above equation yiclds
du

»_p& (6
e ]
Substituting this inlo Equation (4) gives
4P du
—rt = M 2 —
o= (M = A

)
Tbe fluctuating components P, and u can be treated as small
perturbations dP, and du. Equation (7) then becomes

i:(Mn)L‘_'. ..(8)
P u

)
Toerefore, we bave

w1 D
" M+2Y R .

It can thus be seen that for hypersonic flow, where M >> 1, the

velocity fluctuation intensity is much smaller than that of pitot
ssure. For M = 5, the velocity fluctuation intensity is only

sbout 14% of the fluctustion intensity measured wilh pitot probe.
Fourier transform was performed oo the fluctuating  pitot

)

0.3

0 - 50
{ (xH2)

Figure 5. Power spectum of the fluctuating piol signal at Ho = 65
MJAg. E = fraction ol tolal fluctuation onorgg" I(kHz;.‘)

pressure signals, and a dominant frequency was observed in each
of the power spectra. Figure 5 shows a typical power spectrum of
the fluctuating component of the pitot signal. The power density E
is normalised so that ’

[Ey =1

°

Further analysis sbowed that this dominant frequency was pro-
portional o the square root of the flow temperature (Fig. 6). Since
the speed of sound in the test gas was proportional to the squase
root of temperature, it was expected that, with 2 characteristic
Jength D. the characteristic frequency would be

...(10)

a j'rRT
——= - R AY ]
5 D D T @
where Y and R are assumed 10 be constant. Genenally, Equation
(l\)mbcwn’nen as,

f,=CNT . 12)

where the constant of proportionality C incorporates the properties
of test gu.d:e;eomtuyof(henozzk.mdlbemodeof
oscillation. The value of C was found 10 be 391 s-'K-7 through
regression analysis. Thbe origin of the dominant frequency in
freestream disturbance bas not been investigated but it was specu-
Jated that it may be pertinent 10 the fluctuation of the sonic surface
at the exit of the nozzle thsoat.

The freestream disturbar.cs discussed above were eventually

1000 10000

T M

Figure 6. Peak Irequency as a function of lemperature.
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Figure 7. Peak mass flow fluctuation as 8 function of Raynokds
number for six frequencies. Viscous forcing theory, M = 45,¢=0°%
< = 065. Taken from Mack (1984). The envelope is added by the

present authors. R = (Ra)%%.

seceived and amplified by the boundary layer ﬂov{ over the ﬂa'(
plate model, leading to transilion o turbulence. Mg this ampli-
ficatiop process, the boundary layer was selective about the
frequencies cammied in the disturbances. Al a defined Reynolds
pumber and Mach number, there is & most preferred. or the most
amplibed, frequency. This frequency generally depends on Mach
pumber M, Reynolds number Re and wall to sgnation lempesa-
ture ratio T, /T, Linear subility forcing theory can be used 0
calculate the ratio of the stability wave amplitude Ag at the neatral
point to the amplitude 4, of the sound radisted by the twrbulent
boundary layer oo the nozzlke wall. The calculation is ofien camied
out in terms of mass flow fluctuation. If m, is the peak value of the
Jocal mass flow fluctuation, and m; is the amplitude of mass flow
fuctuation of incoming instability waves, the ralio m/m; repre-
sents, in 8 similas manner the amplitude ratio AJA,, the amplifi-
cation of instability waves. Mackt9), using viscous forcing theory,
computed the peak mass-fuctustions for $ix frequencies at Mach
4-5. His numerical result (re-plotied in Fig. N showed that the
most amplified frequency, Of the frequency tbat bas the highest
amplitude ratio, is relatively high at low Reynolds number. As
Reyoolds number increases, the most amplified frequency
decreases. This trend coincides wilh the boundary layer growth. If
the wavelength of the most amplified mode is scaled with the
boundary Jayer thickness, it should increase as the boundary layer

grows with Reyoolds number. Hence, the frequency of the most |

amplified mode decreases, provided that the pbase velocity of the
waves remains constant. Note that the modes of Lbe waves are not
distinguisbed in forcing theory since it applics only up to the
peutnl point.

An envelope may be added to the curves representing the am-
plitude ratio for various dimeasionless frequencies in Fig. 7. The
tangent point of this cavelope with each pasticular curve repee-
sents the Reynolds numbes where that particular mode becotnes
the most amplified. Plotting tbe frequencies against the Reynolds
number at their tangent point yiekls Fig. 8. This figure indicates
that F_ is proportional to Re=, where n-3/4, ie.

F. c[r]

where C is the constant of proportionality. By differentiating the
above equation the following arc oblained :

3 2
dF- = -:({RC ‘}Re

...(13)

...(14)

Figure 8. Tha lrequency of the most amplfied mode as 8 functon df
Reynolds number.

or

3 2
ldF_I:-; Re ¢ lIdRel 19
Tt can be seen (bat the variation of the most amplified frequeacy
would be very small at high Reynolds number range. Hence. 3
characteristic frequency may be chosen lo represent the most
amplified frequencies for a large Reynolds number range. For
boundary layer flow st Mach 3-5, Cben et aki™ found that
F.= 1-25x107%. In the present work the numerical result of
Mackt® was used as a reference even though the nominal Mah
number of the expenunents was slightly higber than the Mach
aumber involved in bis cakulation. For the Reynolds number
range covered by the flat plate model, F_ was estimated 0 be @
the order $x10°%.

Tbe dimensionless peak frequencies of measured fluctusting
pitot pressure signals, under various test conditions, are plotied m
Fig. 9. These dominant frequencies in the freestream noise were sl
Jeast an order of magnitude lower than e most amplibed
frequency predicted by lincar stability theory.

Altbough freestream disturbances may bave a strong influence
on boundary layer transition, and il is a general trend that transi-
tion Reynolds number decreases with increasing frecstream
disturbance leveki®, large freestream parameter fluctuation inles-
sities do not always mean strong disturbances 1o the boundary y-
et instability and transition. The support of this conclusion cane
from Wells's!!h experimental investigation of 1be effect of
freestream turbulence on boundary layer transition for zero pres-
sure gradient at low speed. He compared his measurements b

1078 ———— . .
-8 F-=5!|0_.
10 o 4
- I
10 + . 01
Fy J
‘Io" L °o o
o
10" L %6 ]
w07 , \
[+} S 10 15 20
K. (‘”/kl)

Figure 9. Plot of the nondimensionafised dominant trequency
against stagnation enthalpy.
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those of Schubaver and Skramstad® and Boltz et alt and it was
found that st the same freestream velocity fluctuation intensity,
the transition Reynolds number could be expected to bave differ-
ent values. For example, at (<uDlup’ = 0-1%, the transition
Reynolds number oblained by Wells was greater than that by
Schubaver and Skramstad by nearly 8 factor of two. To estimate
the magnitude of the frecstream diswrbances in regard to transi-
tion, the powef spectrum of the fluctuating quantity must be ex-
amined as the waves, whose wavelengths arc scaled with the
boundary layer thickness, contro! (be process of transition. In fact,
Stetson and Kimmel® discovered experimentally that the major
second mode disturbances have wavelengths approximately twice
the boundary layer thickness.

If the velocity of excb Tollmien-Schlichling wave is equal
the flow velocity at the boundary layer edge. then al Lhe same
frequency be wavelength of sound which travels st the speed of
sound relative o (be flow is not muchb different from the
wavelength of the TS wave for bypersonic flow. Therefore, &
correspondent relation beiween the iwo may be expected, as far as
the growth of disturbance in the boundary layer is concerned. In
the present investigation, a large percentage of [reestream distur-
bance encIgy Was distributed in a frequency band that bad a corve-
sponding wavelenglh much fonger than the boundary layer
thickness. It would not be favoured by the amplification process in
the boundary layer of the fiat plaie model. Disturbances of
frequencics higher than the detected maximum frequency might in
fact exist in freestream. However, the contribution from these
frequencies to the total disturbance energy would not he expected
w0 be signibicant. Since sound wave disturbance in freestream was
originated from tbe turbulent boundary layer of the nozzle wall,
ils power spectrum was closely related to that of the turbulent
Buctuations in the boundary layer, which decayed rapidly with
wave number.

DETECTION OF TRANSITION

Many pbysical quantities are sepsitive to variations io the state of
the boundary layer, and any of these propertics may be used as 3
criterion for determining transition. Owen ef al®D defined the
ouset of transition as the point where the Stanton numbers frst
consistently exceeded the laminar value. However, even within
the laminar boundary layer, the measured Suinton number may
pot always be consistent with tbe value predicied by Jaminar theo-
7y. Based on tbe fact {bat for a fiat plate with uniform pressure. the
beat transfer rate decreascs with the distance from leading edge
unless the laminar pature of the flow is disturbed, the transition
point is dcined, for the present work. as the point where the Stan-
ton pumber bas & minimum value.

ANALYSIS OF EXPERIMENTAL DATA

Model vibration can be a source of disturbance which would trig-
ger insuability waves in (be Jaminar boundary layer. In the case of
quiet subsonic wind tunnel tests by Pilipcnko and Shapovalow®
it was found that there existed a pronounced correlation between
the Tollmien-Schlichling waves and the vibrations of the model.
The vibration frequencies seemed to be synchronised with that of
instability waves. It was believed tbat the same mechanism which
induced instability waves from body vibration in subsonic bound-
ary layer flow could drive the development of instability and tran-
sition in hypersonic flows.

Body vibration was picked up by presswe transducers mounted
in the flat plate model. The frequency of the vibration was higher

ot R
(X} ! 10

WW“"’

Figure 10. Deviation of measured heat transter rate from theoretoal
prediction at x = 50 mm.

than the expected TS frequencies. This vibration was attributed ©©
the stress wave bravelling through the shock wnnel test secton
wall and the model suspension.

Shock tubes by nature create 8 flow which is fundamentaZly
unsteady, and care must be taken when applying steady st
analysis to the resulls of such experiments. During the perid
when uncontaminated test gas is passing over te model, the stag-
nation and stalic pressure levels are not constnt but decay with
time by an amount which is 3 function of tbe tunnel operating
conditions. However, a region of flow exists where the ratio of
pressures across the expansion nozzle is steady. and the Mach
number of the flow can be considered constant. The ratio of sug-
nation pressure o dynamic pressure will also be constant, and for
the Bow field around any body sbape to be sicady, the locally
measured static pressures must be steady whea pormalised with
respect 10 stagnation pressure. Provided these pressure ratios are
constant, then & small change in the overall pressure
cause substantial cbange to tbe overall flow Beld or the sbape of
the streamlines, and 8 steady state analysis may be used.

The situation for beat transfer is slightly different. For the Sow
10 be considered steady, the Stanton pumber must be constanl,
which implies that the beal transfer must decrease in proportios ©
the product of the mass flow rate with the recovery eathalpy. If
the test flow conditions are computed on the assumplion thal a0
isentropic expansion follows shock reflection in the stagnation
region, then it can be shown tbat, for conslant Stanion number,
heat transfer must have the following relationship with stagnation
pressure Py -

)

e-Px ... (16)

where Y is an effective ratio of specific beats for the nomzk expao-
sion. For a y of 14, beat transfer dependests on slagnation
pressute 1o Lhe power of 1 14. For the purposes of determining he
Juration of the steady flow period, this power of 1-14 was ignored
for numerical expediency, and the heat Uansfer rales were
normalised by stagnation pressure directly. For a decay in stagna-
tion pressure of 30% this would lead to an error of 5% in Stanton
number, and does not substantially affect the conclusions drvo
from the data. Reasonably steady normalised traces were oblaived
in the laminar flow regions even with this simplification. Figure
10 compares the measured beal vansfer rates at distance of 50 mm
from leading edge with calculated values using Eckert's® refer-
eoce lemperature method under different test conditions. The
conditions at the beginning of the test period were selecied for the
calculation. The measured beat wansfer rale was laken at e
moment when the pressure ratio first reached the steady state. The
relative erors are scen to be within $20%. Figure 11 shows a
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tbe value of ¥ in the transition 2one is known. an scrodynamic

quantity, ssy 1, can usually be approximated from its laminas and
10 Y turbulent values by,
n=(1-7) + Y ...
where € and )y denole respectively the values of Q for fully
Jaminar and fully turbulent flows. Dhawaa and Narasimhat® used
107} an equation of the form Equation (17) to predict skin friction coef-
ficicnt in transitional boundary layers. From Reynolds analogy. &
Hy=3.05 MIAg similar equation can be used for beat transfer analysis,
Re,=3.67x108 m’} St=(1-7)St + Sty .8
° In the case of subsonic and supersonic wind tanel tests, the dis-
103t tribution of the intermittency factor in the transition zone can be
measured with bot-wire velocimeter, of pitot probe laced close L
Ho=1.45 MI/g tbe surface of the model. In hypersonic shock tonel test, use of
» 0t bot-wire and pitot probe in the remarkably thin boundary layer
Rey=4.99x10° e voems 10 be impossible. However, there is considerable evideoce
to suggest that transitional characteristics in bypersonic boundary
103} 1 layers are similar to that in subsonic boundary layers. Hence,
(beoretical or empirical correlations obtained for incompressible
Hg=620 MI/kg boundary layers were used for the calculation of 7. Abu Ghannam
St Re‘=1.29110‘ m! and Shaw' (29 proposal of a correlation for intermittency factor in
subsonic boundary layer transition reads
103} 1=l-cxp(—51]') . (19)
The variable ) is defincd as
_ {Re- Re,) 0
" (Re,-Re)
103} It is seen from Fig. 11 that within the lamioar boundary layers
the Stanton number distribution closely followed the theory. After
S 235 MIAS passing through a minimum point, the Sunton oumbser i
° 3 1 rapidly, then fell again. The rise of the Stantoa number indicates
Re,»1.03x10" @
L
107} 1 “Yable 1. Flow conditions and transition result.
9
@f : Di
l35 MO, aphragm  H, T [ 4 M U Re, Re,
o ~s mm Mll.h K P ms  x10f x108
Re,=1.37x107 !
1 245 254 325 632 2100 499 1281015
3l ’ 4 1 305 330 317 640 X 367 0831007
10 o | 432 416 325 614 2680 246 0831005
° e I 70 167 38 S 3360 1285 0651003
e Ho=3.17 MIkg 2 235 240 522 655 2060 103 1744018
Re_=2.08x107 m'! 2 299 321 S50 642 B0 642 1401012
iy 3 435 S0 640 611 270 430 120008
10 n 107 108 2 452 S8 630 608 2850 380 LINOQ
104 ! 1 64 T S0 S3 NN 26 10300
Re 3 288 310 870 648 2200 956 163017
3 404 470 981 615 26 600 1441011
Figure 11. Heat ranster distribution along the plate al different test 3 4456 S 192 600 280 491 1200009
conditons. 3 603 767 854 585 1140 350 1091007
) 919 1287 960 547 3810 218 071007
group of measured heat transfer rate distributions in terms of Sun- . a7 M1 183 630 2380 208 -
te. edicted turbulent beat transfer : 83 ;
ton number along the plaic. The PO oy { 4 436 6 192 612 270 131 1452025
rates were obtained from Stollery and Coleman treatment of
Eckert’ seal 1ation. The virtual oci n for the turbulent 4 62 715 219 S8 N 129 1451013
ert's empirical correlalion. onE 4« 740 995 00 365 30 it 140011
boundary layer w s set at the onsel of transition. ] 4 101 1M0 233 546 4050 4N 1.33£0.08
Transitional flow in boundary layers 18 characterised by
unsteady phenomcna, and cannot be described completely by L] §15 T 10 72 314 113 1753009
eitber laminar or turbulent steady flow processes. However, ] 70 1020 265 551 34 836 1518007
quasi-steady empirical approach may be used for enginecring pur- s 387 124 .2.95 543 3TN 634 128007
poses 1o give estimates of averaged flow properties from standard g “;2 269 gf) gg‘i ;737 310 108006
Jaminsr and turbulent flow correlations. It is based oo the assump- » l§:§2' 33;, B en 2'5“') 13‘30 ‘I’:ﬁgg
tion that transitional flow may e described by altemaung periods
of laminar and turbulent boundary layers. An intermitiency factor ' Argon driver gas
y is used o indicate the balance between the two periods. Once
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Figure 12. Effect of boundary layer cooling on transiton.

the breakdown of laminy flow, resulting in the beat transfer
process being assisted by turbulent mixing in an intermitient
manner. The increase in Stanton number, or beat tansfer rate,
continued as the boundary layer flow became more and more
aurbulent. The establishmeot of a fully turbuleat boundary layer
was marked by 8 consistent decrease ip Stantoa number after the
maximum value, albeit the shape of the experimental Stanton
pumber profile did not follow tbe curve calculated using turbulent
boundary layer theory. Tbe increase of ansition Reynolds
pumber with unit Reynolds aumber is slso depicted in Fig. 1L
Anotber feature observed in data analysis is that the position of
the transition onsel point was not fixed during the test, but fluctu-
sted over & wide region. Transiloo by ils nature is unsteady, and
the unit Reynolds number was not completely constant throughout
the test period, so this result was not uncxpected. In the present
study, the uncertainty of the onset position was constrained by
balf of the distance between two consecutive transducers. In the
wrbuleat boundary layer the measured beat transfer rates were
smaller than predicted values. This could be attributed 10 chemical
reactions, such as oxygea dissociation, which would reduce the

recovery lemperature of the boundary layer flow. although

Rey v

O plp, = 0032
T plp, = 0056
® pip, = 0088
V plp, = 0203
O plp, = 0264

3
hd ¥ ‘ol

w* 10

Re,. (1/m)

Figure 13. Transition onset Reynolds number ss 8 function of uni
Reynolds number.

Figure 14, Comparison of transibon data.

increase in beat transfer in laminar region due 0 recombination of
dissociated oxygen bas been reporied for a shap cone model
(Germain el al™)

Transition results are listed in Table 1. slong with e
freestream test conditions and unit Reynolds numbers. Figure 12
displays the relation between transition Reynolds number and wall
10 recovery temperature ratio TJT, These data can extcad Stetsoa
and Rusbton's resulls in the low range of wall W recovery temper-
stuse ratios, as well as reveal that the transition Reynolds number
is peessurc and eatbalpy dependent However, in the plotof Rey vs
Re, (Fig. 13). the measured points collapsed closely on 1o & single
curve. This implied thal, as pointed out by Ross®), the primary
influence of pressure and temperature on transition is twough the
unit Reynolds number coupling. In both Fig. 12 and Fig. 13, the
effect of Mach number was not climinated, ie. sll the data poios
were plotied regardless of the Mach numbers involved in test
flows. The general tend of Fig. 12 shows that transition Reynolds
number decreased with wall cooling, cootrary o the observaton
made by Cary('d but in agreement with the results by
Demetriades™ and Stetson and Rushto!®. Anotber importent
difference betwesn the present investigation and those of previous
investigators lies in the mvetbod of wall cooling. §n this experiment
the variation in wall L0 recovery tempcratue ratio was acbieved
by cbanging the sugnation enthalpy of the flow while the wall
temperature was maintained constant, which is the same method
employed by Stetsoo and Rushiopt®. The methods used by most
otber investigators were tbe opposite. For this reason, Stetson and
Rusbton's conical data were plotted in Fig 12 for comparnisca
Figure 13 implics that tbere would be a simple relation hetween
wransition Reynolds number and unit Reynokls number, and this
relation incorporates he effects of Mach pumber, pressure and
wall cooling.

Following Nagel'st™ discussion, the cemelation between Re,
and Re, can be writlen 88

Re, = aRe,™ )]
where the constant 8 is determined through the experiment and
was found to be 2687. Toe ReRe, relalionship was compared
with experimental and theoretical results of other investigators in
Fig. 14. The Uansition 200¢ Was comrelaled using Dbawan and
Narasimha'¢%®! proposal. i e.
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Figure 15. Variation of Re, sgainst M.

where ¢ = 13-8, and was also determined through the experiment.
Equations (21) and (22) are substituted into Equation (19) to
calculate the intermitlency factor.
Re, - Re, = cRe,™! ..-QD
Figure 15 shows transition Reynolds number vs Mach number,
and it became apparent (bat the effect of Mach number on transi-
tjon was influenced by freestream pressure. Also included in this
Ggure are Owen's result and 2 simple correlation by Bowcutt
1 k> Tt should be pointed out that in the present investigation,
all the tests were performed oo the same fixed geometry nozzle,
and changes in Mach pumber were due to the cbanges in chemical
composition of test gas wheo the stagnation enthalpy was varied.
Coasequently, associated with this Mach number variation was
the change in unit Reynols number. Therefore, Fig. 15 should be
regarded as the refiection of the effect of unit Reynolds oumber on
transition when viewed in M-Re, space.

CONCLUSION

The experimental investigation extended (he boundary layer tran-
sition measurement to Lhe stagnation temperature of about 9100K
foc flow over a fiat piate. The relation between the onsel transilion
Reynolds number and unit Reyookls number in bigh entbalpy
bypersonic flows was shown Lo be similar to that in low enthalpy
supersonic and hypersonic flows. Tbe result of the present investi-
gation showed that unit Reynolds number was the primary pass-
meter in dclermining tamsition in hypervelocity boundasy layers.
Wall cooling desubilised the laminar boundary layer and caused
tbe reduction of transition Reynolds number, which indicated that
the second mode instability may retain its dominance in the transi-
tion of hypervelocity boundasy layers. The experimental data was
consistent with the resuls fom other facilities, although the test
flow of T4 shock tunnel conlains strong disturbances with 8
narrow band concentration of disturbance energy. The measured
beat ransfer rate in laminar boundary layers agreed well with
analytical predictions, whereas in turbulent boundary layer, it
differed significantly from available turbulence models. Dissocia-
tions of diatomic molecules io the air test flow would bave effects
similar to wall cooling 00 boundary layer flows, i.c. they both
resul in the reduction of recovery temperature in the boundary
layer. It could be speculaicd that the effects of the former oa by-
pervelocity boundary layer transition are similar to that of the lat-
ter. Fustber investigations are pecded 1o verify this speculation
and 10 examine the effects of different modelconfigurations o hy-
pervelocity boundary layer transition.
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The Superorbital Expansion Tube
concept, experiment and analysis

ABSTRACT , - .

In response to the need for ground testing facilities for super
orbital re-entry research, a small scale facility has been set up at
the University of Queensland to demonstrate the Superorbital Ex-
pansion Tube concept. This unique device is a free piston driven,
triple diaphragm, impulse shock facility which uses the enthalpy
multiplication mechanism of the unstecady expansion process and
the addition of a secondary shock driver to further heat the driver
gas. The pilot facility has been operated to produce quasi-steady
test flows in air with shock velocities in excess of
13 kmVs and with ausable test flow duration of the order of

IS ps. An experimental condition produced in the facility with to-
1al enthalpy of 108 Ml/kg and a total pressure of 335 MPa is
reported. A simple analytical flow model which accounts for non-

* ideal rupture of the light tertiary diaphragm and the resulting
entropy increase in the test gas is discussed. 1t is shown that
equilibrium calculations more accurately model the unstcady ex-
pansion process than calculations assuming frozen chemistry. This
is because the high enthalpy flows produced in the facility can
only be achicved if the chemical energy stored in the test flow
during shock heating of the test gas is partially returned to the
flow during the process of unsteady expansion. Measurements of
“heat transfer rates to a flat plate demonsirate the usability of the
test flow for acrothermodynamic testing and comparison of these
rates with empirical calculations confirms the usable accuracy of
the flow model.

NOTATION

a speed of sound

d diameter of tube

h specific enthalpy

{ slug length

la asympiotic slug length
M, reflected Mach number
mg mass per unit area of gas
mp; mass per unit area of tertiary diaphragm
Pr Prandil number

q heat transfer rate

Re Reynolds number
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T temperature

1 " lime

u velocity

w shock density ratio

X, shock tube length

g Mirels parameter

Y ratio of specific heats
1] dynamic viscosity

P density

Subscripts

1...20  gas states

ab...z varation of gas state within flow region
e edge of boundary layer
) interface

r recovery

R refiected shock

s shock

w wall

1. INTRODUCTION

With the increasing intercst in the design of vehicles intended
10 enter the aimosphere of other plancts or return 10 the Eanh’s
atmosphere from beyond Earth orbit, experimental facilities will
be required to allow acrothcrmodynamic ground testing of flight
vehicle concepts and componeats. The envelope of flight regimes
for these tehicles is eapanding. Recent parametric studies on
missions which involve Mars entry and Eanth retum'! foresce
acrocapture manocuvres involving atmosphenic approach veloci-
tics of up 1o 14-5 knvs. It has not been possibie to produce flows
suitable for aerodynamic testing. at such speeds. in any existing
ground based facility. Even the most capable testing facilities such
as free-piston driven shock tunncls and expansion tubes are limit-
d in the maximum flow enthalpics they can produce. In the case
of reflected shock tunnels this limit is due to the high temperatures
and pressures which must be contained in the stagnation region
before expansion of the flow through the nozzle, and the associat-
ed energy losscs through radiative cooling. The standard single
stage driver expansion tube does not experience this limitation,
but its performance is limited by the strength of the shock wave
produced by its driver. Flow velocities up to 99 km/s have been
achieved in a free-piston driven single-stage driver expansion
tube'®,
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Non-reflected shock tunnels can produce shock speeds which
are fast enough for superorbital sudiesV. However, all the encrgy
is added 1o the test gas across the shock. which produces a disso-
ciated. ionised plasma quite unsuilable for aerodynamic testing.

The Supcrorbital Expansion Tube is 2 new hypervelocity facili-
ty designed to produce flow conditions in a variety of test gases at
velocities exceeding Earth orbital velocity. It operates as a free
piston driven, triple diaphragm. impulse windtunnel. It differs
from the standard expansion tube layout with the addition of a
secondary driver section in which the primary driver gas is used to
shock heat a secondary driver pas. boosting the driver perfor-
mance. A small scale Superorbital Expansion Tube facility is
currently in operation at the University of Queensland'®. and is
being used 1o investigate these hypervelocity flow regimes using
both air as test gas, reported here. and carbon dioxide test gas.

Test conditions are only useful if the state of the gas in the test
flow can be quantified. As well as discussing the operation and
performance of the focility. this paper also outlines the equilibri-
um analisis wsed to caleulate the state of the test flows used in
experiments in the small scale Superorbital Expansion Tubc. This
analysis is also appropriate for flow calculations in a standard ex-
pansion tube or any other facility using an unsteady expansion
generated from the shock induced rupture of a light diaphragm
with a large pressure difference across it.

L3

2. OPERATION OF THE SUPERORBITAL EXPANSION
TUBE

The operation of the Supcrorbital Expansion Tube is described in-
Morgan and Stalker . lt uses the phenomenon of enthalpy multi-
plivation of the test flow through an unsicady expansion as used in
the standard expansion tube. desribed originally by Resler and
Bloxsom®'. In this process the total enthalpy of the flow is deter-
mined by the extent of the final unsieady expansion of the test gas.

The layout of the facility is shown in Fig. 1. The wnnel is dri-
ven by a helium filled. free piston driver which is used to shock
heat a helium filled secondary driver section (2111 m in length),
«eparated from it by a heavy diaphragm (1-6 mm mild steel,
5§2.5 MPa burst pressure). The primary driver. designated TQ. was
originally designed for use with a small scale shock wnnel. It is of
limited performance as it can only produce driver gas tempera-
turcs up to 1800K. The compression tube of the primary driver
has an internal diameter of 100 mm and uses a 25 kg free piston.
The secondary driver, shock tube and acceleration ube sections
are all of constant area {18 mm internal diameter).

The facility can be operated in two driver modes. In the first, or
refiected. mode the driver gas is stagnated at the end of the sec-
ondary driver section and exhaudis into the fest gas contained in
the shock tube section (of adjustable length, initially 315 m)
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Figure 1. Layout of the small scale Superorbital Expansion Tube
facility.

Figure 2. Wave diagram of the flow process in the Superorbital
Expansion Tube.

which is separated from the secondary driver by a thin steel
sccondary diaphragm (0-6 mm. 12-4 MPa burst pressurel. In the
second or straight-through mode the thin weel secondary di-
aphragm is replaced with a light cellophane diaphragm (23 mm.
95 kPa burst pressure) which rupiures with the amial of the
shock. The second mode is the preferred mode of operation. Be-
cause the primary shock speed is overtailored. the reflection of the
shock in the find mode would be expected to contaminate the
driver pas and reduce the driver’s performance. The experiments
described in this work use the preferred straight-through mode of
operation.

In both modes the resulting shock wave propagates into the
shock tube section and accelerales the quicscent test gas. The
shock wave traverses the shock tube and ruptures the light teniary
diaphragm (9 mm grocery wrap material. 20 kPa burmt pressure)
and then accelerates 10 a higher velocity as it passes inio
low pressure accelerator gas (helium or air) contained in the
acceleration tube (1-289 m in length, adjustable). The test gas
following the shock is also further accelerated as it is expanded
unsteadily into the acceleration tube. Al the exit of the
acceleration tube the 12t gas passes over the instrumented model
mounted in the test section. Helium is the preferred accelerator
gas as it has a low density and subsequently lower Mach number
giving lower pressure and temperature ratios than air for the same
shock speed.

It is the addition of the sccondary driver <ection which. under
the appropriate operating conditions, is able to hoont the perfor-
mance of the facility beyond that of a standard frec piston driven
expansion tube as reported by Neely er af®. In an expansion tube,
the performance of the facility, that is the flow enthalpy which can
be produced. is a function of the strength of the initial incident
shovk wave produced by the driver. Morgan and Stalker™ de-
scribe the performance enhancing mechanism of the secondary
driver with the usc of a wave diagram of the flow (Fig. 2).

The primary and secondary driver gases in regions X and 1}
respectively. which are both helium, have the same pressure and
velocity as they are separated only by a gas interface. Thus if the
free piston driver is operated so that the primary shock is ovenai-
lored then the helium in region two will have the higher speed of
sound. The driver gas is therefore able 10 drive a higher shock
speed through the test gas contained in the adjacent shock tube
than would be pussible for a single driver arangement where
region threc drives the test gas shock directly.
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Flow Condition 108 MJ/Kg
secondary driver fill pressure - (kPa) 60
shock tute fill pressure Pa) 800
acceleration tube fill pressure (Pa) 10
test gas air
accelerator gas He
shock tube length tm) 1-625
final primary shock speed (m/s) 6450
finas) secondary shock speed 1m/s) 7280
final tentiary shock speed tms) 13000
Table 1
Experimental condition
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3. ESTABLISHMENT OF FLOW CONDITIONS USING AIR
TEST GAS

A number of test conditions fof the small scale Superorbital Ex-
pansion Tube have been established by investigating a range of
filling pressures in the secondary driver, shock tube and accelera-
tion tube scctions. The highest enthalpy experimental condition
produced in the facility is set out in Table 1.

For the high shock velocities produced in the shock tube
(> 8 km/s) it was observed. dunng initial testing. that there was
severe attenuation of the flow with the <hock being slowed by up
10 2 km/s when it reached the tentiary diaphragm. The degree of
attenuation is a function of the shock velecity. To avoid the result-
ing decrease in performance due 10 this viscous flow auenuation,
scctions of the shock tube were removed to reduce its lengih (1o
1.625 m) so that the secondary shock reaches the tertiary
diaphragm before significant attenuation has occurred. Final
tertiary shock velocilies in excess of 13 knvs were achieved, for
the condition described in Table 1. where a period of usable
quasi-sieady test flow of 15 ps duration was obsened (Fig. 5).

Static pressure levels were recorded at a number of stations
down the length of the three sections. These measurements were
also used 1o calculate the shock speeds in each section. In the ac-
celeration tube, ionisation detectors were mounted in parallel with
the pressure transducers and were used to confirm the shock
speeds. A typical record of wall static pressures measured in the
acceleration tube is shown in Fig. 3. illustrating the development
of a reyion of steady flow between the tertiary shock wave and the
irailing expansion wave. Pault™ proposed that it is cither this
expansion wave. or the reflecied wave emanating from the inierac-
tion of the upstream head of the unsteady expansion with the
driver-test gas interface in the shock tube. which terminates the
test flow.

A standard PCB piezaclectric pressure transducer. in the
configuration described by Neely e ub, was initially used to
measure the centreline pitek pressure ler els in the test flow.
Shiclding was required to protect the expensive PCB transducer
from fragments of the primary diaphragm which may be carried
down the tube by the flow after rupture. This shielding increases
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Figure 4. Detail of aluminiumiead bar gauge used 1o measure
centreline pitot pressure.

the response time of the gauge. due to the filling of the cavity be-
ween the transducer and its shield. to the order of 10 ps (com-
pared with 2 ps for unshielded operation as was observed for the
flush mounted wall pressure gauges). This configuration is there-
fore unsuitable far the high enthalpy. <hon duration flows of this
study. The shiclded PCB was used for set up runs to determine ifa
<vitable Row was established. in which the bar gauges
described below might be used.

The bar gauge has been developed as a relatively cheap device
which can therefore be placed directly in the flow without shield-
ing. The bar gauges used were hased on a design developed at the
Australian National University® for use in the T3 free-pision
driven shock tunnel. They consist of a thin piezoelectric film
sandwiched between a sensing bar of aluminium and a tail of
tin-lead alloy (Fig. 4). The device operates by measuring the in-
tensity of the stress wave which propagates down the sensing bar
to the piczoelectric Alm when the gauge is acrodynamically
loaded. The material and dimensions of the tail are chosen such
that the stress wave which propagates into the 1il will not reflect
back down its length before the period of test flow is past.

Typical wall static pressure and centreline pitot pressure histo-
fies. recorded at the exit of the acceleration tube, are shown in
Fig. 5 for the high enthalpy test condition. The static pressure
trace shown is from an upstream transducer as the exit transducer
trace was found 1o be more susceptible to noise, as can be seen in
Fig. 3. High frequency oscillations visible on the traces are consis-
tent with ringing of the gauges in the mounts and were also seen
in calibration tests. This behaviour is not thought 10 be a flow
phenomenon.

Calculations indicate that the passage of the slug of accelerator
gas (5 mm in length) should last Jess than 0-5 pis, and is therefore
not resolved by the instrumentation. The irxces are therefore
indicative of the passage of the test gas. The calculated pressure
Jevels for these test flows are indicated in Fig. 5 and are discussed

$poidv

Figure 3. Acceleration tube wall static pressure tustories showing
calculated time for the passage of test slug
(tertiary shock speed = 10-7 kmvs).

Figure 5. Centreline pitot pressure history (upper plot) and
(lower) wall static pressure history for 108 MUkg test condition
(Note: P, measured 780 mm upstream ol P)
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in a later section. As can be scen from the pilot pressure trace,
problems were experienced with the rise time of the bar gauges
used to measure the pitot pressure. Calibration tests with the bar
gauge flush mounted in 2 blanked off wbe indicate a gauge rise
time of 4 ps. This rise time is increased with the addition of the
fiow establishment time for a gauge placed in the freestream.
While this is not ideal, it is adequate for resolving the region of
steady flow which is observed in the static pressure traces. The bar
gauges would also be expected to suffer less from temperature
effects in the hot flow due to the displacement of the piezoclectric
film from the sensing surface. Development of the bar gauges,
which are cugtom made, is continuing in house. and an improved
response is anticipated. which should give bener definition of the
limits of the test Aow. It is also possible that the use of scored
primary diaphragms will eliminate the problems with debris and
allow the use of non shielded PCBs 1o measure the pitot pressure
levels in the flow.

4. ANALYSIS OF TEST GAS FLOW STATES

4.1 Approach

This section covers the analysis of the processes to which the test
gas alone is subjected. and leads 1o an estimate of the flow condi-
tions which are achieved in the expanded core flow. No attempt is
made here 10 model the driver flow although the perfect gas analy-
sis from Morgan and Stalker'¥ was used to help in determining
the optimum driver conditions. The analysis is onc-dimensional,
and not fully predictive in nawre, in that the experimentally
measured values of the secondary and teniary shock speeds are
used. This is seen as being an essential tool for the preliminary
evaluation of the experimental results.

In a paralle! study™ an axisymmetric Godunov scheme with
laminar viscosity and equilibrium chemistry is being used to sim-
ulate the experiments, and is expecied to add important detail to
defining the extent of the usable flow in space and time.

The approach of other researchers 1o calculating expansion tube
conditions is interesting. and can poientially be usefully applied 10
the current configuration to improve understanding of the com-
plete flow conditions. Wilsont1 has performed a one-dimensional
finite rate chemistry simulation with diaphragm inertia represent-
ed by a finite holding time for which the shock tube acts as a
reflected shock tunnel. The code was used to simulate the condi-
tions produced in Hypulse, the GASL expansion tube facility!!".
and predicied an unexpectedly high level of dissociation in the test
gas due 10 the strength of the reflected shock from the secondary
diaphragm. Subsequent analysis by Bakos and Morgan't? with an
ymproved diaphragm analysis. and a criterion for the onset of
chemical freezing. indicated that this level of dissociation was
overestimated. As discussed below, chemical freczing of enthalpy
has extra significance in the Superorbital Expansion Tube because
the enthalpy multiplication effect across an undteady expansion
does not act on frozen chemical enthalpy.

Jacobs* performed a perfect gas axisymmctric analysis of the
Hypulse facility. with viscous effects, which revealed useful infor-
mation about the intcgrity of the contact surface. the extent and
uniformity of the test flow divurbances, and departures from one
dimensional flow in gencral. The high static enthalpies imolved in
the superorbital facility preclude the use of perfect gas analysis,
though the usefulness of a wo-dimensional code is clearly
illustrated in this reporn.

It is seen that none of the curently available vodes is able 10
fully predict the operation and test conditions of the superorbital
flow. The analysis developed here was configured to model the

dominant effects influencing the flow (i.e. viscous shock attenus-
tion, diaphragm inertia and the unsteady expansion with near
equilibrium chemistry) separately and sequentially in a way which
realistically follows a sample of gas through ils passage 1o the test
section. Noting the limitations of this approach. good agrecment
with the experimental results was observed.

4.2 implementation of the flow model

As stated above, the observed shock speeds in the shock and ac-
celeration tubes are used in conjunction with the known quiescent
test pas pressure to calculate the secondary and tertiary shock
strengths. Real gas calculations of these conditions are made using
an equilibrium analysis. The static pressure and the entropy level
behind the shock are determined and these are used to determine
the full gas state via an equilibrium scheme. The validity of
assuming an equilibrium state is discussed later.

Calculation of the changing state of the flow through the
unsteady expansion is implemented in a siepwise manner.
The expansion process is divided into a large number of velocity
increments (for these calculations, 100) which procecd from the
calculated starting velocity of the test gas (state 8, Fig. 2) to the A-
nal velocity after expansion (state 12). This final test gas
velocity is set equal to the observed tertiary shock speed as it can
be shown by calculation that full Mirelst* development of the ac-
celerator gas slug length occurs due to its low quiescent density.
Calculation across each increment is governed by the standard
equation for a simple unsteady expansion wave which relates the
change in static enthalpy 10 the change in velocity and the local
specd of sound.

dh = -adu ()

A calculation of the entropy and static enthalpy of the flow is
made at the initial state eight. For equilibrium or frozen flow the
expansion is isentropic. The gas condition is uniquely defincd by
the static enthalpy and static entropy and the Egstare code!'™ is
used 1o iterate, at the end of each computed siep. a solution for
pressure, lemperature and gas composition. The Crek subroutines
developed by Pratt and Wormeck!!®! are used to calculate the equi-
librium composition at each point. These subroutines are valid for
35 ionized and unionized species in air between 300K and 24 000K
The process proceeds until the final velocity is reached, thus sup-
plying the final state of the test gas. In this process it turns out that
the determination of the initial gas state afier diaphragm rupture.
which then undergoes unstcady expansion., is a critical step.

The lightest possible tertiary diaphragm is used to scparate the
air test gas and the helium accelerator gas. Ideatly this diaphragm
would rupture instantaneously and. having no mass. would have
no further influcnce on the flow. But as has been reported in presi-
ous expansion tube workt!” even the lightest diaphragm does not
behave ideally resulting in two principal non-ideal effects. These
are reflection of the incident secondary shock wase into the on-
coming test gas and momentum loss from the expanded flow due
1o the energy required to accclerate the diaphragm mass afier
rupture. This behaviour can be observed on a more detailed wave
diagram for the flow in the vicinity of the tertiary diaphragm (Fig. 6).

Operation of the facility has shown that the tertiary diaphragm
material docs not petal, but is sheared off around s circumfer-
ence, leaving the now unattached material, whether it be solid or
vapour. to travel with the flow. The subsequent motion and
behaviour of the diaphragm is unclear. The strength of the reflect-
ed shock as it traverses the test gas is deseribed well by a simple
inertial model. but the values of tertiary shock speed measured
could not be achieved if the diaphragm residue remains as an
obstacle 10 the flow for more than about one tube diameter down-
dream. Stalker '™ has sugpested that frapmentation may allow test
g£as to leak past the diaphragm. Independent of whateser happens
10 the diaphragm, the boundary conditions for the test gas acToss
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Figure 6. Wave diagram for the flow near the terliary diaphragm.

the unsteady expansion are determined from the strength of the
refiected shock and from the experimentally measured tertiary
shock speed. The analysis presented here relates these boundary
conditions 10 give a prediction of the final flow properties.

Petaling of the diaphragm may be the preferred ruplure mecha-
pism as it would anchor the matenial to the diaphragm station, but
for such a light materiat it is hasd 10 achieve. In this instance the
diaphragm is impulsively loaded to 1wo orders of magnitude
above its static rupture pressure, and circumferential shearing
occurs. Attempts 10 actively rupture the diaphragm in a controlled
manner have been made 1% and continuing work on these methods
is being carried out in this depanment.

These non-ideal diaphragm effects must be accounted for and
have a significant influence on the calculation of the test gas state.
The slug of shock heated test gas which ammives at the teniary di-
aphragm (Fig. 6. region 6) is processed by the reflecied shock
wave (region 8) and there is a resulting entropy rise in the test gas
which depends on the strength of the reverse shock. It then passes
through the unsicady expansion which develops behind the
accelerator gas—test gas interface.

The source of shock heated test gas for the expansion is non
uniform. The first part of the test gas slug to arrive (region 6a), is
stagnated by the shock which is reflected from the tertiary di-
aphragm (region 8a) and is then expanded from this state. Once
the diaphragm ruptures though. this stagnation of the flow no
longer occurs as the reflected shock is atienuated by the expansion
waves (regions Rb..21. eseniually 10 2 Mach wave, and is no
longer strong enough v bring ihe oncoming lest gasto a hah. The
test gas may thus be expanded from a range of initial gas statcs
(8a...7) all of varying entropy.

Calculation of the expansion process and the resulting state of
the test gas must be made for this range of starting conditions. It is
perhaps easiest to consider the two bounding extremes of the stan-
ing flow. The first extreny is the initial pant of the test gas slug to
enter the expansion (region 8a) which will also become the first
part of the final test flow. This region of test gas is laken as initial-
1y stationary with conditions determined behind a fully reflected
<hock bringing the test gas o rexl. The other extreme is the termi-
naling case (region 8a) which is the final pant of the test gas slug
to make it into region 12 before the end of the acceleration tube.
The calculation of thix state is kews straightforward.

By tracing a pantick path through the unsteady expansion. the
exit point of the panticle may be determined. Paull™ set out some
simple one step analytical relations for the panticle path through
an unsteady capansion. directly relating the entrance and exit
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Figure 7. Tracing the terminaling particle path and the reflection
from the interaction of the secondary interface and the reflected
shock, through the expansion for the 108 MJ/kg condition.

trajectories. Unfortunately these relations are for an ideal gas and
assume a constant value of the ratio of specific heats. As the
variation of y has significant effect through the unsteady
expansion, it is necessary 1o fully track the particle using the equi-
librium scheme described earlier in this section. By adjusting the
entrance time into the expansion. diffcrent panticle paths may be
simulated, and the appropriate one chosen.

The disturbance (1 + a wave) emanating from the point where
the interface, separating the test gas and secondary driver gas,
catches up with the atienuated reflected shock must also be
tracked as it, rather than the trailing expansion wave. may termi-
nate the test flow (Fig. 7). This occurs in a similar fashion to the
process described by Paull™ whereby the test flow is terminated
by the wave cmanaling from the interaction between the
driver-test gas interface and the leading expansion wave.

Calculation of the terminating particle paths, for the flow condi-
tions and facility geometries described here, reveal that only a
very small fraction of the shock heated test gas in region 8 reaches
the final test flow and that it is the trailing expansion wave which
{erminates the test flow rather than the reflecied wave (Fig. 7).
This indicates an expected period of steady flow of 17 ps which is
of the order of that observed. This also suggests the tunnel geome-
try described may not be the opimum configuration for the flow
condition. Disregarding any funther alienuation of the tertiary
shock, calculation of the trajectory of the reflected wave suggests
that the optimum length for the acceleration tube at this condition
is 5 m. This would significantly increase the slug length of 1est
flow and thus extend the test time to 60 ps. However, operation of
the facility with longer dcceleration tubes was found to cause
severe atienuation of the lertiary shock speed.

To determine the point of interface catchup and the strength of
the reflected shock at the beginning of the wrminating particle
path, it is necessany to model the bebaviour of the teniany
diaphragim after rupture. Meyer™ developed an analytical one-
dimensional model for the impact of a shockwave on a movable
wall such as a diaphragm, and the subsequent wave behaviour af-
ter impact. The model though is only accurate for weak incideat
chocks. A more appropriate analytical model has been developed
for the Superorhital Expansion Tube and is described here for the
strong shocks cxperienced in the flows considered in this study.

The residual influence of the tentiary diaphragm afier rupture is
represented by the ineria of the diaphragm as it is convected
downstrcame® in a similar form to the action of a free piston. The
mass of the ruptured diaphragm i accelerated downstream by the
pressure differcace across the diaphragm, the pressure behind the
reflecied shock being far greater than the guiescent acelerator
gas  pressure  (initially  as much as 700000 times) and
the subscquent shock heated aceclerator gas pressure. As this ox-
CUTS EXPANSION Waves propagate upstream from the disphragm.
eventually atienuating the reflected shock 1o a Mach wave. The
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accelerating diaphragm also sends compression waves down-
stream into the accelerator gas which quickly converge to form
the tertiary shock (Fig. 6).

As the reflected shock and the diaphragm are initially in close
proximity (within one wube diameter) and the sound speed behind
the refiected shock is very high. it is assumed that the expansion
waves emanating from the diaphragm immediately catch up with
the reflected shock and that the atienuated shock pressure is im-
mediately realised on the face of the diaphragm. Thus we have
specified a region of uniform gas velocity between the reflected
shock and the diaphragm remnants. The velocity of the interface,
u, formed by the diaphragm remnants, is determined by the
integration of its acceleration from rupture.

", =(u,) +A!————-(p' 'p”)'
¢ ("’m +mc)
where my, is the mass of the diaphragm material per unit area and
i, is the mass of the pas per unit area which is contained between
the reverse shock. S and the tertian shodk, S

.. (2)

my =Ps(~"| "s,)*Pn(‘s. ’-"|) -3

The diaphragm velocity may then be used with the known in-
coming lest gas velocity 1o determine the strength of the reverse
shock at each moment'®.

ol

N 2
Y+, ("o""S.) (v+1)
16a;

MR=(uo—u5.) w +1 o)
o

As the reverse shock traverses the test gas it induces an entropy
change in the gas which may be determined from the Mach num-
ber, Mg. calculated from Equation (4). The period it takes the
shock 1o traverse the slug of test gas is small (< 15 ps) and it can
be shown that only a small displacement of the diaphragm will oc-
cur in this time indicating that it is permissible to determine the
reverse shock strength from the theory presented. It should also be
noted that as the initial pressure loadings on the tertiary di-
aphragm are sinall (Jess than if3sth of the burst pressure) there will
be no significant pre-deformation of the diaphragm further sug-
gesting one dimensional behaviour and circurmferential failure of
the light diaphragim material.

As this simple diaphragm analysis assumes ideal gas behaviour
there will be some inaccuracy associated with ils use on the high
enthalpy conditions considered here. This analysis though. is only
used 10 determine the shock strength at the beginning of the termi-
nating particle path. The use of an adjusted value of the ratio of
specific heats, which is set equal 10 that necessary 1o match the
initial value of My calcutated from Equation (4), against that re-
quired by the iteralive cquilibium scheme 1o fully stagnate the
test gas (region 8a. helpsto minintise the erar. It should be noted
that the entropy change across the reflected shock (Mg - 36) iy
much fess than that across the incident shuck (Mg = 20), so that
errors in this procedure are second order effects.

To calculate the velocity of the gas behind the altenuated re-
verse shock at the beginning of the terminating particle path (State
8n). the velovily immwdiately upsiream of the shock must be
determined. Although the shock heated test pas in region 6 is
nominally indicated as being a region of uniform flow in Fig. 2
and Fig. 6. i is in fact a region in which there is a velocity gradi-
ent induced by viscous effects, Mirels analysis'™ was used 10
determine the velowity of various points in the region and this is
found 1o have a significam effect on the final valves of pitt
pressure calculated for the cxpanded test flow.

Mirelsy theory implics that due 1o the viscous effects of the
houndary layer growing behind the invident shock, the velocity of
the ga~ behind the shack will approach the attenuated velocity of

the shock at an asy mptotic sluy length determined by Equation (5)

(with subscripts for the appropriate states of interest).

A S USRI
NPT Hs
A calculation of the actual slug length of test gas at the end of
the shock tube is made by solving Equations (6p!% and this is
compared. for the test flow described in Table 1. 10 the calculated
asympiotic slug length in Table 3
)

A

It can be secn from Table 2 that for both conditions the slug of
test gas does not reach full development in the shock tube, and
thus the velovity of the interface and the adjacent test gas does not
reach the attenuated shock velacity. Mirels uses Equation (7) to
calculate the flow non uniformity between the shock wave and the
contact surface.

.. (5)

-

1 X,

—

Wl -+ (®

i
,..p'_"l-—- =f- _l— ? (7
(prur )o l- o

If we assumne that the flow density remains essentially constant,
an estimate of the velocity at a distance behind the shock. which is
less than the asymptotic slug length, may be made.

1

(i)
Uy, =g, +(un, - ug, i

This is used 10 determine the incoming test gas velocity adja-
cent 10 the beginning of the terminating panticle path (region 8n).
Jacobs't" has shown numerically, using an avisymmetnc Navier-
Stokes code. that the rise in velocity behind the shock is essentially
of the form described by Equation (8).

For the initial velocity determined in this manner. the gas
velocity and gas state across the reflected shock is calvulated
(Table 3) and is then expanded through the unsieady expansion.

Once the starting conditions for the expansion process are de-
termined the remnants of the diaphragm are disregarded and it is
assumed they have no further effect on the flow state. The effects
of the cunature and shifting of the origin of the expansion fan are
essentially confined to the immediate vicinity of the teniary di-
aphragm and for case of calculation are also disregarded. The
unsteady expansion is assumed (o behave as 2 simple lincar fan
for the implementation of the equilibrium scheme described

.. (8)

“earlier in this section.”

Test condition 108 MJ /&g
asymptorxc slug length ln mi 0-280
actual sJug length ! m3 0073
Table 2

Test gas slug lengths at the end of the shock tube
Flow condition 108 MJ/ kg
Flow slate 3 a n
reflected Mach number 366 1351
pressure (kPa) 7612 7095
e mperature X) 16620 | 1543
satic enthalps Ming) 582 556
velouity (m/s) 0 kAR
ratio of specific heats 1-38 1-39
gas consant AgK) byl 570
tlal pressure” (MPa) 7672 7140
total enthalpy * IMJAg) 82 557

* determined by inentropic siagnation

Tabla 3
Calculated flow states behind the reflected shock
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Flow condition 108 MJAg
calculation method equilibnum frozen
flow stale 12 a L} 2
velocity” {m/s) 13000 | 13000| 13000
pressure (Pa) 6028 5768 | 30
temperature (K) 5976 5918 | 174
density x10-¥kg/m*)| 0-222 0218 | 0030
static enthalpy (MJAg) 236 228 289
Mach number 657 6-66 290
gas constant (JAgK) 454 448 sn
ratio of specific heats 143 143 1 1ed
pitot pressure (kPa) A7 368 51
iotal pre<sure® {MPa) 2868 54 | —
dinsovianon fractions N 0-65 062 1-00
0 100 1-00 1-00
*equal 10 measured tertian shock speed
*derermined By isentropic slagnaion
Table 4 :
Final test flow states calculated using equilibrium
and frozen theory

The mo <tarting conditions set out in Table 3 are used to calcu-
late the limits of the range of test gas flows produced at the end of
the unsteady cxpansion. The calculated gas states of the test Row
tregion 12) at the end of the acceleration tube. are set out in Table 4.

The resulting calculation of static pressure and pitot pressure
levels for each starting condition can also be scen in Figs 5a and
Sb, superimposed on those pressures measured in the expenmen-
1al flow. Examination of the flow states before (Table 3) and after
expansion (Table 4) indicate a decrease in the static pressure of
the test pas compressed by the reflected shock due to the attenua-
tion of the <hock after diaphragm rupture. A slight downward
pressure gradient in time remains after expansion to the final flow
state. It may be seen from Fig. 5 that although the osverall levels of
predicied pressures are close 10 observed values, the experimental
static and pitot pressure levels appear to increase slightly through
the test flow.

Although the analysis included viscous effects behind the sec-
ondary shack. the expansion to the tertiary shock speed was per-
formed using inviscid theory. It is thought that boundary layer
growth in the expanded test gas (region 12) may be causing the
noted discrepancy. A calculation of the displacement thickness of
a laminar air boundary layer at the end of the test gas slug
(0-97 mm for the 108 MJ/kg condition) indicates a contraction of
the flow core sufficient to produce a net pressure rise in the lest
flow. The analysis of Akman and Morgan'® is targeting this
specific problem.

It is interesting to compare the final flow states calculated by
modelling the expansion as an equilibrium process with calvula-
nons made ascuming a frozen expansion provess. Calvulations of
the expandeil siate of the test gas. required 10 match the obsened
final velocity, were made for a frozen expansion by fixing the
chemical state of the test gas after processing by the reflected
shock (vate 8). The resulting expanded frozen states are also set
out in Table 4. )

The high dissociation fractions of the nitrogen componcent of
the air for the fruzen cases indicate that large amounis of chemical
energy are stared in the flow after shock heating in the shock tube
wction. It can be seen that the resulting temperatures. Matic
pressures and pitat pressures of the expanded frozen test gas are
unrealistically low giving support 1o the assumption of an approx-
imately equilibrium process occurring through the unsteady
expansion. To achieve the high enthalpy flow conditions produced
by the Supcrorhital Expansion Tube in experiments. the flow cner-
gy used to disswiate the test gas when it is shock heated in the
«hock tuhe must be at least partially resored o the flow through
recombination of the test gas through the unsteady expansion. I

this energy remained frozen as chemical energy the observed test
conditions could not be achieved. 1t can be seen that allowing
the expansion 1o proceed in an equilibrium manner results
significant recombination of the nitrogen component.

In the Superorbital Expansion Tube. as in all facilities which
use the unsteady expansion process, the total enthalpy is not fived
at any point in the flow as it is in shock tunnel facilities. Rather.
the Superorbital Expansion Tubc relies on the enthalpy multiplica-
tion mechanism of the unsicady expansion and thus any increase
in energy due to recombination through the unsteady expansica
will be multiplicd by the expansion 10 produwce the elevated final
enthalpies recorded. This is one of the main advantages which ex-
pansion tubes have over more conventional shock tube facilities in
producing high enthalpy flows.

Tt should be noted that in reality, the chemical reactions occur-
ring through the unstcady expansion do so in such short distances
and times that finite rate chemical Kinetics wowld come in to play.
This is especially true for the beginning of the test slug where the
test gas traverses the expansion wave near its erigin and thus ex-
periences the highest rate of expansion. The equilibrium model
described here, though. allows a straightforward calculation giv-
ing a useful indication of the final flow states. without having to
consider the complexities of finite rate chemical kinetics. It is
planncd that future development of this modet will include some
accounting for these chemical kinelics via the approximate
scheme described by Bakos and Morgantt2,,

5. HEAT TRANSFER RATE MEASUREMENTS TO A
FLAT PLATE

As a demonstration of the usability of the superorbital velocity
flow produced in the facility for acrothcrmodynamic testing. ex-
periments in the test flow were conducted 10 measure heat transfer
rates to a flat plate for the 108 MJ/kg conduion. The flat plate.
65 mm in length and 25 mm wide, was mounied along the centre-
line of the acceleration tube exit at zero incideace 1o the Aow (Fig.
8). It was instrumented with six platinum-quanz thin film resis-
tance thermometers, flush mounted along the surface al 8 mm
intervals beginning 13-2 mm (rom the leading edge. Although the
duration of the test flow is brief there are sufficient mode] lengths
of test gas in the test slug 10 establish steady flow over the model
and a typical unsmoothed integrated heat transfer rate histon
illustrating the essentially steady nature of the test flow over the

“ flat plate is shown in Fig. 9.

-~ S tirg
I S S R N
\;_Jn._

elevation
/-munmm-p.g-
/ ) '
Homn — -4 -0-5 -0 0—F —-— |- —_
| -

TER .

—

Figure 8. Flat plate geometry lor heal transfer rate expenments.

et

Apronamcy . Mach 1954 Neeoly a~c Morya

ORIGINAL PAGE 1S

103

'OF POOR QUALITY




S MWm'? /o

-l
4

2p3 10w

Figure 9. Typical integrated heal fransfer rate history for 108 MJ/&kg
condition, measured 13-2 mm from the leading edge.

As local Reynolds numbers for the flow over the flat plate were
below § x 106, calculations of the expected heat transfer rates for
a laminar boundary layer were made using Eckert’s empirical
reference enthalpy method*!.

2.
G.=0-332p"u,Pr *Re (h-h.) 9
" “The stamed values are evaluated at a reference enthalpy defined

by.
h"=0-5(h, +h,)+0-22(h, +h,) ... (10)

The calculated test flow state, set out in Table 4, was used to
calculate conditions at the edge of the boundary layer and at the
surface of the flat plate using a pressure distribution determined
by the weak interaction principle for a cold wall*?, which is ap-
propriate for the geomeiry and flow state in question. These in
1urn were used [o calculate the heat transfer rate to the flat plate.
The calculated rates are compared in Fig. 10 with the surface tem-
perature histories which were integrated. in the manner of Schultz
and Jones' ™, 10 obtain the heat transfer rates.

For laminar boundary layers with similar profiles, the coeffi-
cients in Equation (9) are all constant except for the local
Reynolds number. In Fig. 10 the Stanton number is normalised by
x-035 which is proportional to ¢ /Re*-2%, and 1he steady level when
plotied against the wetted length is seen to be constant, indicating
laminar flow. The level is also seen to be in agreement with
Eckert's empirical correlation. This is an interesting result as the
corrclations are unproven at these flow velocities and would not
be expecied to account for high enthalpy heat transfer mecha-
nisms such as radiative heating which increase in significance at
the elevated 1emperatures encountered here.

Dips in the surface lemperature traces al the arrival of
the shock. as can be seen in Fig. 9. were evident on many of the
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Figure 10. Piot of St normalised by x-05 versus distance from lead-
ing edge for 108 MJXg.

experimental traces. He'X* observed similar dips in his flat plate
experiments and postulates that they may be due to 2 decrease in
resistance across the gauge due to conduction through the ionised
boundary layer flow. For a uriiform test flow the initial resistance
change due to this conduction is large with the starting of the sur-
face flow and results in a decrease in the recorded voltage. The
surface flow quickly becomes steady and the subsequent voliage
increase is due only to the increasing surface lemperature. He sug-
gests that a simple first order correction may be made by effec-
tively shifting the origin of the heat transfer rate trace 1o the base
of the dip. This would increase the measured heating rates to a
level greater than the laminar calculation predicts.

The correlation of the empirical calculations and the integrated
measurements is good, indicating that the method of determining
the final test flow states described above is effective and that a
uscful core of test gas at superorbital velocity has been created in
the facility.

6. CONCLUSIONS

The combination of an added secondary driver section 1o further
shock heat the driver gas and the enthalpy multiplication effect of
the unsteady expansion of the test gas allow the unique Super-
orbital Expansion Tube facility to produce flows at superorbital
velocities. without the dissociation problems experienced by con-
ventional shock tubes at these speeds. The small scale facility
used to investigate the concept has been operated to produce
quasi-steady test flows with shock velocities in excess of 13 km/s
and with a duration of usable test flow of approximaicly 15 ww S
Such high enthalpy flows are of importance in the Jesign of any
vehicle used 1o operate within a planetary atmosphere at velocities
excecding Earth orbital velocity, such as in proposed missions
returning to Earth from Mars. No other existing ground based
test facility can produce test flows at these velocities, with gas
composition suitable for acrodynamic testing.

Consideration of the effects of boundary layer growth and non
ideal diaphragm rupture on the flow have allowed a better under-
standing of the dominant flow mechanisms and enabled more
accurate matching of calculated and observed test flow states. In
particular account has been taken of the increase in the entropy of
the test as associaied with the shock reflection at the tertiary di-

" aphragm and the resulting non uniformity of the test gas slug in

the shock tube.

It has also been shown that much better agreement with expeni-
ment is achieved if the unsteady expansion is modelled as an
equilibrium process rather than as a frozen chemistry process.
as the high enthalpies produced by the facility are not possible un-
less some of the chemical energy stored in the Row after shock
heating of the test gas is returned 1o the flow during the unsteady
€Xpansion process.

Heat transfer rale measurements to a fiat plate at zero incidence
in the supcrorbital flow were of the same level as those predicied
by Eckert's empirical correlations for laminar fiow. These results
show that the test flow produced by the facility can be used for
meaningful aerothermodynamic rescarch and further confirm that
the analytical method of determining the final 1est flow states is
both reasonable and useful.

These initial resultis have demonstirated the viability of the
Superorbital Expansion Tube concept and while further testing on
the small scale facility will continuc, work is now procecding on
the design of larger scale facilities. It is foreseen that such facili-
ties will be invaluable for the basic aerothermads namic research
required for future interplanetary missions involving atmospheric
manoeuvring as well as for the design and testing of vehicles 1o be
used on such missions.
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Abstract. This paper reporis 8 new balance for the measurement of three
components of force - lift, drag and pitching moment - in impulsively starting flows
which have a duration of about onc millisecond. The basics of the design of the
balance are presented and results of testson a 15° semi-angle cone set at incidence in
the T4 shock tunnel are compared with predictions. These results indicate that the
prototype balance performs well for a 1.9 kg, 220 mm long model. Also presented are
results from initial bench tests of another application of the deconvolution force
balance to the measurement of thrust produced by 2 2D scramjet nozzle.

Key words: Force measurement, shock tunnel, instmmcntationr N

1. Introduction

The measurement of forces on vehicles flying at hypervelocity conditions has been
restricted by the short durations for which current experimental facilities can sustain a
representative flow. Progress has been made recently in designing balances for use in
flows of duration as short as a few milliseconds (Jessen and Gronig 1993; Naumann et
al. 1993; Carbonaro 1993). A new technique for measuring a single force component,
the deconvolution drag balance, has been developed recently at The University of
Quecensland (Sanderson and Simmons 1991). This technique involves interpreting
transient signals from strain gauges on a long sting connected to the test model to
determine the time-history of the drag loading. The deconvolution drag balance has
been applied to quite large and complex shapes in flows of duration as short as 1 ms
(Porter et al. 1993).

In this paper the deconvolution force balance is extended to the simultancous
measurement of lift, drag and pitching moment. The basic design of this balance is
considered and the installation of a prototype balance for measurements with a 15°
semi-angle cone is discussed. Results for this model at small angles of incidence ina
Mach § flow of nitrogen are then presented. A further application of the
deconvolution balance to thrust measurement on a two-dimensional scramjet nozzle is
also discussed. T -

2. The three-component balance design
The three-component deconvolution force balance consists of a single, 2 m long sting

attached to the test model by four short bars (Fig. 1). Each of the short bars is
instrumented for measurement of axial strain at its mid-point. A strain gauge bridge is

-
! Queen Elizabeth IT Research Fellow 2 Lecturer 3 Ppostgraduate Student
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also attached to the sting 200 mm from the modeVsting junction. Combinations of the
strain signals from the four bars are used to produce two output signals - one
responding primarily to a lift input signal and the other responding primarily to a
pitching moment input signal. The strain measurement in the sting responds primarily
to a drag input. Inevitably there is some coupling amongst these output signals.

[ ]

[— 1

CONNECTING BARS

Fig. 1 Schematic of the three-component balance arrangement.

The time histories of the three outputs related to lift, drag and moment, y, (1), yp(?)
and y,{f), can be related to the time-histories of the lift force, drag force and pitching
moment on the model, u,(¢), uy(f) and u,[f) via nine impulse response functions. This
coupled convolution problem can be written in matrix notation as in Mee et al. (1992)

A /) Gy G G u
vyl = |Co Gpp Gou up 1
Gu Gup Guu Uy

where the y vectors are formed from the discretized output signals and the u vectors
are formed form the applied load time histories. The square G matrices arc formed
from the impulse responsc functions, G, being the impulse response for the y, output o
a u; input. If there is no coupling amongst the outputs then the off-diagonal
submatrices in the impulse response matrix will be null. Further details on the design
of the force balance are given in Mee et al. (1992).

The nine impulse response matrices were found from a series of bench tests in
which a weight was attached to the model by a fine wire. The wire was cut, thus
producing a step change in the load applied to the model. The output signals resulting
from such a load change were recorded and processed to produce the impulse
responses. The linearity of the system enables the responses to flow-type loading
distributions to be determined by superposition of the results of several tests for single
loads applied at various locations on the model. o

In experiments in the shock tunnel, each of the y, outputs was measured and time

domain, coupled deconvolution techniques were used to determine the time histories
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of the lift and drag forces and pitching moment on the model. The experimentally
determined impulse response functions were used for this deconvolution.

3. Tests of a prototype balance

The prototype balance was installed in a 220 mm long, 15° semi-angle, aluminium
cone as indicated in Fig. 2. The cone mass was 1.94 kg. The device was first tested
outside the tunnel by culting wires attaching weights to the model. Results for a single
lift load applied to the cone were compared with the results for a distributed loading
which gave the same net lift force and centre of pressure. These tesls indicated that
the balance was not very sensitive to the distribution of load on the model.

L) T T ]

Fig. 2 Details of the connection of the balance Fig. 3 Typical Pitot pressure trace for present
to the sting. tests.

Experiments were performed in the T4 frec-piston shock tunnel (Stalker and
Morgan 1988) to test the performance of the balance. The sting was supported by fine
wires (Fig. 1), thus allowing it to move freely in the plane of the lift force, and was
shielded from the flow so that the only aerodynamic forces were on the surface of the
cone. For these tests the cone was set at three angles of attack - 0.0°, 2.5° and 5.0°.

For the tests nitrogen, at the conditions given in Table 1, was used. A typical,
filtered trace of Pitot pressure during a shot of the tunnel is given in Fig. 3. Note that
the zero on this and subsequent time scales is arbitrary. The Pitot trace shows a small
initial overshoot which is attributed to the nozzle starting process. The mean level
settles 1o a steady value about 500 s after the flow starts.

It takes about 800 yis for plane siress waves initiated by the arrival of the test gas
to traverse the 2 m long steel sting, reflect from the free end and return to the strain
measurement locations. During this time the flow has traversed approximately 15
model lengths. The deconvolution of the measured signals continues beyond this point
but the accuracies of the impulse responses at these larger times deteriorates.

Examples of the raw voltage signals obtained from the five strain gauge bridges
are shown in Fig. 4. These data are from the test at 2.5°. Results are shown for the
strains measured in the two inclined and the two transverse bars joining the model to
the sting and for the strain measured in the sting itself. The signal-to-noise ratio is
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found to be adequate usin
oscillations in the signals in t

modeVUsting configuration.

Table 1 Nominal test conditions - test

pas is nitrogen.

g semiconductor strain gauges. The relatively large
he transverse bars are associated with the dynamics of the

Supply Supply Static Static Static Flow Mach
Enthalpy Pressure Temperature Pressure Density Speed Number
MJikg MPa K kPa kg/m’ Vs
10.7 34.2 1370 114 0.0281 4270 5.8
. INCLINED BARS
g Y ‘- "‘:’-/":-‘
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§ 3
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Fig. 4 Raw strain signals from the five bridges for test at 2.5° incidence.

Deconvolved signals are shown in Fig. 5 for the three incidences of the present
tests. The deconvolution process leads to amplification of noise on signals and the
results shown have been passed through an 8-pole Butterworth filter with a cut-off
frequency of 6 kHz. The drag signals show an initial overshoot during the nozzle
starting time, however the lift signals, which have a slower response, do not show this
overshoot. Both lift and drag show reasonably steady values during the test time of
500 - 800 pis after flow start. The moment signal for the model is defined to be zero
when the lift force acts through a point one-third of the cone axial length from the base
of the cone - the theoretical line of action of the lift force for an inviscid conical flow.
The results indicate that the centre of pressure during the test time is about $ mm (2%
of the cone height) further downstream of this point.

The measured results have been compared with the computed data of Jones
(1969). There is a small difference in the ratio of specific heats (1.4 in Jones 1969 and
1.32 in the experiments) but a comparison of the results, shown in Table 2, gives an
indication of the performance of the balance. There are some uncertainties in the
conditions of the flow in the test section which, for example, will lead to an
uncertainty in theoretical drag of + 12% (Mee 1993). The absolute values for lift and
drag are about 10% lower in the experiments but the ratios of lift to drag agree well.
At this stage the accuracy of the balance has not been quantified.

S. Thrust meas;urement on a 2D scramjet nozzle
The deconvolution force balance is also being used to measure thrust produced by a

symmetrically divergent nozzle with 11° ramp walls. The area ratio is approximately
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5.5. Attached to the nozzle are two long stings in which the measurement of tensile
strain will be used to find the nozzle’s net axial thrust. The system is shown in Fig. 6.

1§ DEG. INCDENGE $0.DEG. INCDENGE
830 T Y v ¥ 00— ) ] L] ¥
DRAG — DRAG ——
LFT == LFT --- \FT -~
@} ev d s JPMOMENT --- 4 &0} JMOVENT « o~ 4

......

o0 1 1 X i i .} i W 1 20 1 1 N 1
2

1T, DRALL, 10°MOMIINT (N NNw)

-200 B
u b1 ] 3 32 u b} 13 u b 1] u b1 u 3 1
TDAE (ms)

Fig. S Deconvolved lift, drag and moment signals for 0.0% 2.5° and 5.0° incidence.

Table 2 Comparison of experimental results with computations of Jones (1969)
Incidence

Test No. Experiment Computation
(deg) Drag,D Lift,L /D | Drag,D Lift, L LD
_,_._,__,______Qi ™ N) ™
3745 00 510 20 0.04 550 0 0.00
3752 25 460 210 0.46 530 220 0.42
3748 5.0 520 420 0.81 590 470 0.80

The stings are twisted through 90° near to the nozzle to provide rigidity and
bending stiffness. Finite element modelling has shown this to be acceptable. There
are strain gauges before and after the twist on each sting. The static pressure along the
ramp walls and the Pitot pressure across the nozzle's exit plane will be measured in the
experiments. Any difference between the thrust indicated by the pressures and that
determined with the deconvolution balance will be due to skin friction.

The strains from a finite element simulation for tunnel-type loading have been
deconvolved successfully using an impulse response based on another finite element
computation. The model has been manufactured and instrumented and bench testing
shows encouraging agreement with the computations (Fig. 7). Differences between
the step responses after arrival of reflected waves are attributed to different end
conditions for the experiment and the computation. Based on these results and
previous experience with deconvolution balances it is expected that the present balance
will perform satisfactorily in tests in T4.

6. Conclusions

The results of tests using a three-component deconvolution force balance have
indicated that the balance performs satisfactorily in a shock tunne! flow of a
millisecond duration. The balance performed well on a model that was not
restrictively small or light - the model was 220 mm long and had a mass of 1.9 kg.
Further testing is required to quantify the accuracy of the balance.
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